CRANFIELD INSTITUTE OF TECHNOLOGY

AERODYNAMICS DEPARTMENT

. PhD THESIS

I.A.MALIK

The Design Development and
Evaluation of an Active Control
Aircraft Model Wind Tunnel Facility

Supervisor: Mr.M.V.Cook

September 1982



ProQuest Number: 10820911

All rights reserved

INFORMATION TO ALL USERS
The quality of this reproduction is dependent upon the quality of the copy submitted.

In the unlikely event that the author did not send a complete manuscript
and there are missing pages, these will be noted. Also, if material had to be removed,
a note will indicate the deletion.

ProQuest.

ProQuest 10820911

Published by ProQuest LLC (2019). Copyright of the Dissertation is held by Cranfield University.

All rights reserved.
This work is protected against unauthorized copying under Title 17, United States Code
Microform Edition © ProQuest LLC.

ProQuest LLC.

789 East Eisenhower Parkway
P.O. Box 1346

Ann Arbor, MI 48106 — 1346



CONTENTS

Chapter - Page
SYNOPSIS
ACKNOWLEDGEMENTS
NOTATION
1 INTRODUCTION
1.1 Background
1.2 Aims of Research Programme ‘ 3
2 LITERATURE REVIEW | 5
2.1 Introduction - 5
2.2 Free-Flight Research Techniques 5
2.3 Semi-Free-Flight Research Techniques 17
2.4 Facility Design Considerations 24
3 DESIGN AND CONSTRUCTION - 34
‘ 3.1 Introduction f 34
3.2 Model Suspension System 3y
3.3 ‘Aircraft Model 38
3.4 Electronic Control Unit 41
3.5 Comments on the Design and
Construction 48
4 THEORETICAL BACKGROUND ° 49
u,1 ‘Longitudinal Dynamics 49
4.2 Lateral Dynamics : 60
4.3 Feedback Techniques 70
by Scaling Limitations 78
.5 Stability Derivatives 80

4.6 Static Stability 81



Chapter

~ Appendix
A

Figure
la

EXPERIMENTAL INVESTIGATION

5.1 Introduction

5.2 Preliminary Experiments

5.3 Dynamic Stability Test Techniques

5.4 Model Dynamic Response Test
Conditions

RESULTS AND DISCUSSION

6.1 Introduction
6.2 Longitudinal Static Stability
Tests

Open-Loop Model Dynamics
Closed—Lodp Model Dynamics

COMMENTS, RECOMMENDATIONS AND CONCLUSIONS

7.1 Comments and Recommendations
7.2 Conclusions
REFERENCES

DERIVATION OF SIMILARITY REQUIREMENTS

EQUATIONS OF MOTION

ESTIMATION OF DYNAMIC STABILITY
CHARACTERISTICS

DATA REDUCTION

Miniaturisation of Representative Flight

Control Hardware

Page

8L
8l
85
91

96

99
99

99
101
112

117
117
129

132

140

146

152

159

189

199



Figure

1b

10

11

13

14

15

Page

Computer System Reliability

Active Control Technology Design Approach
Free Flight Model Testing Techniques
Remotely Piloted Model Control Loops

NASA Langley 20ft Free-Spinning Tunnel

Cross-Sectional View of Free-Spinning
Tunnel at the NAE, Bedford

Setup for Free-Flight Tests
Magnetic Suspension
The NASA Langley Control-Line Facility

Diagrammatic Sketches of Funicular Suspension
Systems used by ONERA ’

Two Cable Mount
Vertical Rigid Rod Mounting

Scale Factor to Achieve a Given Model

Reynolds Number

Model Span to Achieve a Reynolds Number

of 0.5x10°

'Weybridge' Wind Tunnel

200
201
202
203

204

205
206
207

208

209
210

210

211

212

- 213



_ Figure

16

17
18
19

20

v21v

22

23a
23b
24
25
26
27
28a

28b

Frequency Regimes of Vertical Rod and

Cable Suspensions

Gimbal System for Model Suspension
The Model Suspension System

f% Scale Hawk Aircraft Model

Details of Control Surfaces Actuation.

Mechanisms

Designed Panel Layout of the Electronic
Control Unit

Systematic Block Diagram of the Electronic
Control Unit and Model Interface

A Typical Summing Amplifier

A Typical Low Drift Integrator
Input Control Unit Card

Model Output Card

Analogue Element Card

Design of f5 Volts Power Supply

Airplane Axis System and Plane of Symmetfy

Airplane Axis System and Planes of

Asymmetry

Page

214
215
216

217

218

2189

220
221
221
222
223
224

225

226

226



Figure ' Page
29 - Position of the Axis in the Vertical
Plane in Steady Flight , 227

30a Longitudinal Stability Augmentation of
Model with Pitch Attitude Feedback to
Elevator 228

30b Root Locus Plot. Effect of Pitch Attitude Feedback
"to Elevator on Longitudinal Modes of Model 228

31a Longitudinal Stability Augmentation of
Model with Pitch Rate Feedback to Elevator 229

31b Root Locus Plot. Effect of Pitch Rate
Feedback to Elevator on Longitudinal Modes
of Model i 229

32a Lateral Stability Augmentation of Model with
Roll Attitude Feedback to Aileron 230

32b Root Locus Plot. Effect of Roll Attitude
Feedback to Ailerons on Lateral Modes of
Model ‘ 230

33a Lateral Stability Augmentation of Model with
Roll Rate Feedback to Ailerons 231

33b Root Locus Plot. Effect of Roll Rate
Feedback to Ailerons on Lateral Modes of
Model 231

34a Lateral Stability Augmentation of Model
with Yaw Attitude Feedback to Rudder 232

3u4b Root Locus Plot. Effect of Yaw Attitude
Feedback to Rudder on Lateral Modes of Model 232



Figure

35a

35b

36

37

38

39

40

41

42

u3

By

45

46

L7

48

49

50

Page

Lateral Stability Augmentation of Model
with Yaw Rate Feedback to Rudder 233

Root Locus Plot. Effect of Yaw Rate
Feedback to Rudder on Lateral Modes of Model 233

Estimated Longitudinal Stability Derivatives 234

Estimated Longitudinal Stability Derivatives 235

Estimated Longitudinal Stability Derivatives 236

Estimated Lateral Stability Derivatives 237
Estimated Lateral Stability Derivatives 238
Estimated Lateral Stability Derivatives 239
Elevator Deflection vs Input Voltage 240
Aileron Deflection vs Input Voltage 241
Rudder Deflection vs Input Voltagé 242
Pitch Angle vs Voltage Output , 243
Bank Angle vs Voltage Output 244
Yaw Angle vs Voltage Output | 245
Pseudo Rate Signal Circuit | 91

Input Forcing Functions - 93

Incidence for Steady State Conditions 246



Figure Page

51 Tail Angle to Trim for Steady State
Conditions 247
52 Short Period Mode - Frequency (c.g.=0.29c) 2438
53 Short Period Mode - Frequency (c.g.=0.325c) 249
54 Short Period Mode - Damping (c.g. at 0.29c) 250
55 Short Period Mode - Damping (c.g. at 0.325¢c) 251
56 Short Period Mode Frequency Correlation 252
57 Short Period Mode Damping Ratio Correlation 253
58 Roll Mode - Time(t%)to Half Amplitude 254
59 Model Roll Response to Pulse Aileron Input 107
60 Dutch Roll Mode —vFrequency\(wDR) 255
61 Dutch Roll Mode - Damping Ratio (CDR) 256
62 Influence of Adding Positive Dihedral Effect 111
63a Model Short Period Mode - Pitch Rate
Feedback to Elevator | 257
63b Model Short Period Mﬁde - Pitch Rate
~ Feedback to Elevator 257
Blia Model Short Period Mode - Pitch Rate
Feedback to Elevator 258
64b Model Short Period Mode - Pitch Rate

Feedback to Elevator 258



Figure

65

66

67

68

69

70
71

Plate

Page

Short Period Mode Damping - Pitch Rate
Feedback to Elevator 259

Short Period Mode Frequency - Pitch Rate
Feedback to Elevator 260

Short Period Mode - Pitch Rate Feedback

to Elevator (Pitch Freedom Only) 261
Roll Mode:- Roll Rate Feedback to Aileron at

V=70 ft/sec 262

Roll Mode:- Roll Rate Feedback to Aileron at
V=100 ft/sec 263

Dutch Roll Mode:- Yaw Rate Feedback to Rudder 264

Dutch Roll Mode - Yaw Rate Feedback to Rudder 265

The Gimbal System and Vertical Rod 266
" The Model Suspension System 267
Model Fuselage Construction Technique 268

Component Layout of the Model with Construction
Detail 269
Wing and Gimbal System Attachment Points on

Model Fuselage 270

The Completed Model with Detachable Parts 271

The Electronic Control Unit . 272



. Plate Page
8 Interior View of the Electronic Control Unit 273
9 Experimental Set-up 27q>

10 Model Flying in the Wind Tunnel 275



- SYNOPSIS

Recent progress in the field of Active Controls Technology (ACT)
has resulted in increased interest in dynamic wind tunnel
testing for basic research. The present work reports the
findings of a three year research and development programme

to build a dynamic wind tunnel testing facility. The task
included the design and construction of a controllable
dynamically scaled aircraft model, a suspension system ‘to

give the model four degrees of freedom, and an electronic
control unit to interface with the model for operating the
primary controls, for stability augmentation and for

providing output signals for measurement purposes.

The dynamic characteristics of the model have been recorded
for some simulated representative flight conditions and
are compared with theoretical predictions and the expected
characteristics derived from full size aircraft data.

The use of various stability augmentation functions has
also been investigated to assess the usefulness of the
electronic control unit as a means for providing stability
augmentation. The results show the system to have
considerable potential as an ACT Simulator. Modifications
are suggested for further development of the facility‘to

achieve a higher degree of accuracy and versatility.
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NOTATION

The following is a list of notations used in the thesis.

The aeronormalized and dynamic normalized concise stability

derivatives are presented in Table C1 and C2 of Appendix C.

Notation

Meaning

A

Ai(i=1,2,3...)

Aspect ratio, b2/S
Coefficients of A in stability quartic
Aircraft 1ift curve slope, dCL/dx
Speed of sound

Tailplane (or fin) 1lift curve slope
Lift curve slope for control
Coefficient of A° in stability quartic
Wing span (tip to tip) |

Coefficient of A2 in stability quartic

Drag/%pVZS

Lift/1pV%s

Tailplane 1ift/3pv?s,

Pitching moment about Oy/%pVZSé
Wing chord
Mean aerodynamic chord of wing

Drag

- Differential operator, d/dt

Differential operator, d/d%
Coefficient of A in stability quartic
Term independent of A in .

stability quartic

-IZX/Ix

-IZX/IZ



Notation ' B Meaning

Fr Froude Number

g Acceleration due to gravity

é mg/%peVeQS=CLsecC%

g4 gcosCé

g, : @cosCé=CL

g, , »gsinCé

gz @Siné%=CLtané%

h Height above a given datum

hF , - Distance of aerodynamic centre of
fin above 0x

hé ’ Distance of c.g. aft of leading edge

‘of,mean aerodynamic chord of wing

hmé Distance of manoeuvre point, stick
fixed, aft of leading edge of mean
aerodynamic chord of wing

hné Distance of aerodynamic centre of aircraft
aft of leading edge of mean aerodynamic
chord of wing

hOé Distance of aerodynamic centre of aircraft
without tail aft of leading edge of mean
aerodynamic chord of wing

IX Moment of inertia about longitudinal

| (rolling) axis Ox

Iy Moment of inertia about lateral (pitching)~
axis Oy

Iz Moment of inertia about yawing axis Oz



Notation Meaning
IXy Product of inertia about O0x and Oyr
IyZ Product of inertia about Oy and 0z
IZX Product of inertia about OZ and 0Ox
iX Ix/mbi
iy | Iy/mé
i I_/mb?
i T__/mb?
ZX ZX
Kn Static margin, stick fixed
L Lift
LW,LT Wing 1ift, tail 1lift
L Rolling moment about 0Ox

=]

Rolling moment derivatives, dL/3p,dL/dr,
oL/dv, 3L/3E, dDL/ACL

Distance of aerodynamic centre of fin
aft of c.g. of aircraft

Distance of aerodynamic centre of
tailplane aft of c.g. of aircraft
Characteristic length

Mach Number

Pitching moment about Oy

Pitching' moment derivatives, dM/3aq, oM/3u,
dM/d3w, IM/AW, dDMAN

Aircraft mass

Yawing moment about Oz

Yawing moment derivatives, dN/3p, 3N/3r,

ON/3v, BN/BE, BN/



Notation ~__Meaning

N2° Ng, Ng Transfer functions

) Aircraft angular velocity in roll

B P

P Atmospheric Pressure

q Aircraft angular velocity in pitch

g 1q

Re Raynolds Number

r : Aircraft angular velocity in yaw

P r

r Non—dimenéional damping(negative real part of A)

ry Radius of inertia

S Wing area

S¢ Fin area (vertical tail area)

ST Tailplane area

s Non-dimensional frequency (imaginary part
of A)

T Periodic time of oscillation

t Time

t Non-dimensional time, t/T

t% Time to half amplitude

t/c Thickness/chord ratio of aerofoil

u Perturbation velocity along Ox

b u/Ve

V‘e Resultant velocity of aircraft c.g. in
datum steady flight
Volume ratio, STl/sé

<!



Notation ' - Meaning

VF | | Fin volume ratio, Splp/Sb
VT Tailplane volume ratio, STlT/Sé
v Component of velocity increment of c.g.
along Oy in disturbed flight ‘
v V/Ve(=8, for small angles of sideslip)
W Aircraft weight, mg
W Perturbation velocity along 0%Z
W w/V,
X - Force component along 0x
iqﬁuﬁwiwin iForce component derivatives, BX/éq, J3X/du,
3X/3w, dX/3%, 3K/ |
Y Force component along Oy
§p§r§v§€§g Force component derivatives, ®Y/3p, eY¥/3ar,
2Y/3u, dY/3E, dY/d¢
Z Force component along 0z
iq%uiw%win Force component derivatives, 8Z/3q, BZ/Su,
RZ/dw, d3Z/dw, 3Z/d3n
x Incidence (angle of attack) of mean
aerodynamic chord of wing
oL Tailplane incidence
Angle of sideslip (the angle the direction
of motion of the aircraft c.g. makes with
the plane of symmetry 0xz)
T Dihedral angle
Y Angle of bank
A ‘Stability*polynomial

e Angle of downwash at tailplane



Notation Meaning

E,N,C Angular displacements of ailerons,
elevator and rudder, respectively

n ‘ Increment in elevator angle from
trimmed position

Oe Inclination of Ox to the horizontal

in the datum steady flight (positive

upwards)

¢] Angle of pitch

A Angle of sweepback

A Root of stability quartic(=-r+is)

A : Geometric scale féctor*-i—m

Uy Longitudinal relative déisity parameter
m/%peS(:: |

Mo Lateral relative density parameter
m/%peSb:

p Air density

T Magnitude of time unit, m/%peVeS

¢ Angle of bank

P Angle of yaw



CHAPTER 1

INTRODUCTION

1.1 Background

Over recent decades, aircraft have been designed with
increasing dependence on flight control systems for
control and stability augmentation. The

utilisation of such systems was initially limited

to correcting deficiencies like poor handling character-
~istics or poor stability which could not be corrected
through conventional aerodynamic balancing or
configuration changes. The révolution in solid
state electronics has permitted a considerable
reduction in control computer sizes, power and cost!®.
Furthermore, in the 70's, due to integrated circuit
design concepts, electronics equipment has become
much smaller (Fig.la) cheaper and more reliable (Fig.
1b) . The airborne computer thus developed is
efficien%, safe and reliable. Aircraft designers
have capitalised on these gains primarily by

devising new improved flight control system

functions aimed at increasing aircraft performance
and flying and handling qualities improvements.

In fact flight control technblogy has advanced to

the stage where stability and control augmentation
systems are now vital to virtually all high

performance aircraft.

We are now in an era in which control systems are a
‘central element in optimizing aircraft design to -
meet their mission and performance objectives.

This design philosophy has become known as the
Control-Configured-Vehicle Concept (CCV). In a

conventional aircraft design process trade off's



are made in aerodynamics, structures, and propulsion
to meet the mission requirements. Once all the
compromises have been-made that lead to the

definition of an aircraft configuration, the

vehicle subsystems, including the flight control
system, are designed. The basic Active Control or
Control-Configured-Vehicle Concept? aims at

optimising aircraft geometry for each flight condition
by considering flight controls in the preliminary
design process as indicated.in figure 2. Trade-off's
are still made, but it is possible to relax the
constraints in the aerodynamics, structures and
propulsion system areas and to rely on the control
system to provide the same effective margins
artificially. For example, it is possible to

reduce the static aerodynamic stability of the
aircraft to neutral or even negative to gain a
performance advantage and rely on the control system
to stabilise the aircraft artificially?®. Inherent

in this approach is the use of a full time, full

authority fly by wire control system“»5,¢.

Research into the potential benefits arising from
the use of ACT has been carried out in the following
ways.

(al Flight testing purpose built experimental
aircraft or modified existing aircraft?,®.

(b) Use of large scale free flying models’ for
simulation.

(c) Use of a wind tunnel facility for dynamically
testing suitable aircraft models®,!?,

Although there is no doubt that full scale flight
testing is a must in the aircraft development phase,
due to the increased cost, complexity and risk

associated with flight testing new aircraft



1.2

with advanced flight control features, wind tunnel
tests of suitably representative aircraft models
Decame an increasingly effective method for carrying
out fundamental research into the application of
active control technology. The main advantages of
this kind of investigation are that the risks are
negligible, it is more realistic than computer
simulation because of the limitations of mathematical
modelling'?, it permits systematic testing under
reproducible conditions and it is relatively
inexpensive. The main disadvantages are the
uncertainty associated with the interpretation of
small scale model tests in terms of the full scale
equivalent aircraft and the limitations on the number
of degrees of freedom that a restrained model can

have.

Aims of Research Programme

In view of this increased interest in Dynamic

Wind Tunnel testing due to ACT, it was felt that a
modest facility for demonstrating ACT concepts
should be established. The initial feasibility
study was done in 1979-80 and was the subject of an
M.Sc. Thesis!?,

The primary objective was. to design and build a
facility that would allow a dynamically
representative aircraft model to "fly" in the wind
tunnel with as many of the natural degrees of freedom
as reasonably possible. Due to limited resources
and the constraints of available departmental
workshop support, the design of this facility is
limited in terms of complexity and size. Resource
limitations necessitated the choice of the least
complex technique and the department's 420"Open Jet
Wind Tunnel" dictated the size of the facility.



The technique selected allows four degrees of Ffreedom

Lin

to the model, which for this investigation ié'iz

Scale British Aerospace Hawk aircraft,

In order to achieve the above mentioned objectives
the following subsystems were designed and
constructed.

‘(1) A controllable dynamically scaled Hawk
aircraft model.

(ii) A suspension system for giving four degrees
of freedom to the model. ’

(iii) An electronic control unit to interface with
the model. The electronic control unit
provides the means of operating the primary
controls of the model, provides feedback
loops for stability augmentation and provides

output signals for recording and display.

Open loop and closed loop response experiments
pertaining to the dynamic mode analysis of the
~model were conducted to evaluate the completed
facility. The wind tunnel simulation results
are compared with the theoretical predictions and
the actual full scale Hawk data for correlation
to discover how closely the dynamics of the model
represent those of the full size Hawk.  Consequently
" the fidelity of the simulation could be evaluated.
The closed loop experiments were carried out to
evaluate the usefulness of the electronic control
unit as a means for artificially augmenting the
stability of the model.



CHAPTER 2

LITERATURE REVIEW

2.1

Introduction

Stability and controllability as quantitative measures
of handling and ride qualities have for many years
constituted a major area of interest in the field of
flight mechanics. Full scale and scaled model free-
flight testing have played a vital role in the
research in this field. In the case of

fundamental research, free-flight model testing has
obvious attractions for testing new concepts before
risking full scale construction and flight test.

The main advantages of free-flight model testing
techniques are that the model has complete dynamic
freedom, potentially hazardous manoeuvres can be
investigated since crew safety need not be considered
and the cost involved is relatively small as compared

with full scale testing.

It is the purpose of this literature review to review

the various techniques which have been used in free-

flight model testing. ‘The techniques discussed are

limited to those used in low-speed model studies as
high speed model testing is beyond the scope of the
present investigation. The techniques are grouped
into two general categories; free-flight techniques
in which the model flies with six degrees of freedom,
and semi-free-flight techniques in which one or more
degrees of freédom are suppressed. The free-flight
techniques are broken down as shown in figureb3.

" Free-Flight Research Techniques

Free-flight techniques are those in which there is no



appreciable restraint of the model under normal

flying conditions. As indicated earlier, the free

flight techniques are subdivided into two types:

those used either outdoors or in a large enclosed

area other than a wind tunnel and those used in

wind tunnels.

Outdoor Free-Flight Research Techniques

The free-flight techniques which have been used

outdoors are divided into three categories as follows:

(a)

Air Launched Models

Bisgood!® reported research conducted at the

RAE, in the early sixties using expendable simple
unpowered models of slender wing configuration.
These uncontrolled, fibre glass-plastic models
were launched from balloons and helicopters.

To investigate model behaviour, the pitch
response of the model was measured by two

normal accelerometers fitted with a scratch
recording clock-work driven mechanism. Pulses
were applied to the elevator by an electro-
pneumatic control system. Kinetheodolite and
high speed cine camera facilities on the ground
were also used. The results of the investigation
indicated that the pitch response of the model
varied markedly with the magnitude of the

initial elevator pulse. For small and medium
pulses the motion was very heavily damped and

the response to large pulses was oscillatory,
though still heavily damped. The investigation
also determined that the use of free flight models
for overall dynamics research appeared to be
practicable and could, with improved instruments,

offer distinct advantages over other methods.



Recent free-flight tests at the RAE are

reported by Faill*’?% and form part of an
investigation of the stall and post-stall
dynamics of aircraft at low speeds and altitudes.
For these tests a i scale model of a fighter
type aircraft was chosen, since the models are
fairly large and have a mass of about U450

pounds, special handling and retrieval systems
have been developed. The model is recovered

by a parachute system.

Considerable research has been performed by NASA
using radio controlled models. A report by
Libbey et al'® gives a complete description of
the technique and associated equipment.

Although this technique was developed primarily
to study the incipient and developed spin
characteristics of an aeroplane, it had also
been used for other research such as flight

characteristics of aircraft and re-entry vehicles.

The models were dropped from a helicopter and
controlled from ground stations usually by two
pilots. The models were constructed of fibre
glass cloth and plastic, the fuselage being a

§ inch thick hollow shell and the wing and tail
surfaces having solid balsa covers. The model
weight varied from about 25-200 1bs and the,
largest model tested had a length of 8 feet and
a wing span of 6 feet. Radio receivers and
electric motor powered control actuators were
installed in the model to provide simultaneous
operation of all control surfaces and to release
the recovery parachute. Both "bang-bang" (full
on or off) and proportional type controls were

used. The data recording in the model was



accomplished photographically by an electrically
driven movie camera which photographed the view
of the horizon and recorded the position of flow-
direction and airspeed indication vanes, control
position indicators and a timing light.

Magnetic tape recorders on the ground were used
to record control signals and voice communication
between the helicopter and ground control
station.

Holleman !7

reported on tests carried out by NASA
on a large scale ( /8) F-15 fighter airplane
model to investigate the stability and
controllability of the configuration at high
angle of attack. The motivation to use a 3/8
scale model was to provide a model large
enough such that it could be controlled
'normally' by a pilot and to obtain data near
the full scale Reynold's number condition by
correlation with other model test results.

The model was built primarily of fibre glass
with metal load carrying members. The model
was unpowered and a remote control piloting
technique was used. The pilot controlled the
model from a ground-based simulator-like
isolated cockpit.with.complete displays and
controls. The instrumentation on the model was
very extensive and the quantities recorded
such as attitude angles, rates, acceleration,
airspeed, altimeter and control surface
position etc., were transmitted to the ground
station for display to the pilot and as inputs
to the flight control system computer, The
control system used was very sophisticated and
figure Y4 gives some indication of the model
control loop. The model was launched from a
B-52 airplane and was recovered by parachute



(b)

with mid-air retrieval by helicopter.

The large scale model spin characteristics

were compared with the smaller scale (%)

model results and showed good agreement at low
to medium high angles of attack and reasonabie
agreement at high angles of attack. The data
from a simulated flight spin also agreed
satisfactorily with the model flight data.

Catapulted Models

Use of this technique was recorded as early as
the 1930's for spin research studies in both:
the United Kingdom and the United States !®,!%

These studies were not very extensive and were
discontinued after the free spinning wind
tunnels were put into operation. Later, in
the 1950's, the NACA Langley Laboratory used
unpowered, catapult launched models for studies
of stall and incipient spin as reported by
Stone et al??. In the earlier tests, a
building about 70 feet square by 60 feet high
was used. The launching apparatus was located
near one wall of the building about 55 feet
above the floor. The model, made from balsa
wood, was launched at a speed slightly higher
than the stalling speed and at an angle of attack
slightly below the stall angle. The elevator
control was preset to a position which would
cause the model to pitch up through the stall
and, in some cases, the rudder was preset to
initiate a yawing motion thus giving roll-off
at the stall.

The model was retrieved by a large net hung



above thé floor and up to the wall opposite the
catapult. Later this facility was not
considered satisfactory because of space
limitations and a much larger Navy airship
hangar was used. In these tests the catapult
was located 137 feet above the floor and there
was sufficient space to accommodate all
possible model flight paths. Models up to

5 1bs in weight could be launched at speeds

up to 50 ft/sec. The model control surfaces
were operated in flight by radio control and

data was obtained from filmed records.

(c) Powered Radio Controlled Models

Hewes 2!

reported some flight investigations
with powered radio controlled models by NASA.
The propeller driven aeroplane model equipped
with a parawing was taken off from the ground
and was controlled by conventional elevator and
rudder surfaces. This technique for testing
power radio controlled models was very simple
and is essentially the same as that used by
model aircraft hobbyists. The technique has
also been used in a number of instances where
exploratory flight of some new features were
desired. For example, the Lockheed Aircraft
Corporation used this technique on studies of
their non-rigid rotor helicopter and the
Consolidated Vultee Aircraft Company tested radio
controlled dynamically scaled powered models

of a sea plane for hydrodynamics research?? .

2.2.2 Tree-Flight Research Techniques in Wind Tunnels

The techniques used in wind tunnels are grouped into
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four categories based on the type of wind tunnel in
which they are used, i.e. vertical, tilting test
section, conventional and magnetic suspension

tunnels.

(a) Technigues Used in Vertical Tunnels

RAE in 19322% and NACA in 19352*% built their

first vertical wind tunnels, (at Farnborough and
Langley respectively), especially for conducting
free spinning tests of dynamic models. The
construction of these tunnels was‘preceded in both
establishments by spin research studies in which

- dynamic scale models were launched in spins from

a high platform as discussed in 2.2.1(b).

The vertical spin tunnel at the RAE was of the
closed throat type with a working section 30 feet
in height and of circular cross-section with
diameter 12 feet. Tunnel speeds up to 56 ft/sec
were achieved. Dynamically scaled balsa models
of span up to 30 inches were used in the tests.
The test models were launched in the wind tunnel
by first letting it rotate ih a spinning attitude
on a spindle mounted on a retractable arm. When
the proper wind tunnel speed was reached, the
model would lift off and the arm would be
retracted. . Data was obtained by visual
observation and motion picture records. To attempt
spin recovery a delayed action mechanism was used

to reverse the controls of the model.

The first NACA tunnel was generally similar to the
RAE tunnel in construction and operating technique
except that after initial tests, the use of a
launching spindle was discontinued and the model

was merely launched by hand into the airstream
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with an initial spinning motion. The model was
retrieved from a net at the bottom of the test
section. The test section was 12 sided and

measured 15 feet across the flat.

Later NACA replaced the 15-foot tunnel with a

20-foot tunnel (figure 5) in 1941 and used it

extensively for spin research?’. The maximum

tunnel speedwas 97 ft/sec. Very rapid changes in speed

could be obtained with a special speed control

on the fan motor. The model control actuation could
be continuously operated instead of using a

preset timing device as was used earlier. This

was achieved by placing copper coils around the

periphery of the tunnel which set up magnetic

field in the tunnel when energized and this magnetic

field actuated a magnetic device in the model to

operate the controls. Motion picture records

which includedmodel motion, records of time

and tunnel velocity werethe primary source of data.

Another major facility for spinning tests was set
up at the N.A.E.(Bedford) in 195u26, The +tunnel,
shown in figure 6, has several unique design
features which enhance its research capabilities
over that of earlier models. It was designed

for pressurisation at up to four atmospheres

in order to obtain high Reynolds' numbers. The
test section is 15 feet in diameter and 30 feet
high and protective netting is arranged around the
tunnel wall to keep the damage to the test model
to a minimum. The launching and retrieval of the
model is accomplished by means of a nylon cord
suspended from above by a winch and attached to the
model a little behind its centre of gravity.

For tests carried out under pressurised condition

a periscope is provided for observation of the
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model. Model control is achieved by radio-

control.

The above mentioned facilities have been used for most of
the work done in vertical tunnels. Other

pfominent free spinning tunnels which have been

used in spin research include the Univeristy of

Lille tunnel with test section of 2 metres in

diameter, the University of Sydney 3-foot tunnel

and 12-foot diameter USAF wind tunnel??.

(b) Techniques Used in Tilting Test Section

Wind Tunﬁels

This type of wind tunnel was used in early days of
free flight model testing and are no longer in
use. However, the technique developed on this
type of tunnel by NASA was the forerunner of some
of the more édvanced flying model techniques now

being used.

The first NACA 5-foot diameter tunnel was completed
in 1937 and served as a pilot model for a larger
15-foot diameter tunnel to be built later in 19392%7.
Only a few investigations were carried out in the
small tunnel but they served to prove that the free-
flight technique employed was feasible and

warranted further development in a larger tunnel.

The 12-foot tunnel was a simple closed throat, open
return type and was mounted on pivots to permit

its longitudinal axis to be tilted to give a
suitable flight path angle to the free-flying
model. The test section length was 15 feet.

Prior to each flight the model was placed on the
floor of the tunnel with the tunnel tilted to an
angle slightly higher than that required for
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equilibrium flight at the predetermined flight
condition. When the tunnel épeed was brought

up to the flight speed the model would rise from
the floor and fly under the control of the pilot,
who stood behind the test section and flew the
model by means of a small control stick. The
‘control stick operated electric switches to
energize the electro-magnetic control actuators
in the model. A range of tunnel angles from 4°
glide to 15° climb could be covered and the
tunnel speed could be varied rapidly and smoothly
over a range from 0-90 ft/sec. The floor and
lower walls of the tunnel were lined with sponge
rubber to protect the model from excessive damage

in crashes.

The models used in the 12-foot tunnel had a wing
span in the range of 3 to U4 feet. Originally they
were constructed with solid balsa wings and

hollow balsa fuselages?® but later models had

wings of built-up construction with spruce spars
and fuselages of much stronger construction.

The earlier model control actuators were a simple
spring-centred eleotro-magnefic mechanism, but
later, more powerful pneumatic actuators controlled
by solenoid-operated air valves were used. Both
types of actuators provided a "flicker" or "bang
bang" type of control which proved to be more
satisfactory than proportional actuators for

manual control of small scale models.

The use of the 12 foot tunnel for model flight

testing was discontinued after the improved version
of the free flight technique had been developed for -
use in the Langley Full Scale Tunnel.
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(c) Techniques Used in Conventional Tunnels

A unique free-flight testing capability exists
in the NASA Langley full-scale tunnel.
Development started in 19492° and the technique
was essentially a refinement of the technique
previously deployed in the 12-foot free-flight

tunnel.

. The tunnel is extremely useful for model flight
testing because of its large 30 feet x 60 feet:
test section and open throat. A relatively large
(typically around 4 feet span) powered model can

be flown without restraint. It has a top speed

of about 180 ft/sec but is usually operated below
100 ft/sec due to turbulence at high speeds. The
model is controlled by three operators (pitch, roll
and yaw control) who can transmit pneumatic and
electric power and control signals to the model
via a flexible trailing cable (figure 7). This
flexible cable also incorporates a thin steel
safety cable which is passed through a pulley above
the test section and which‘can_be used to catch

the model if an uncontrolled motion or mechanical
failure occurs. The entire flight cable is kept
slack during the flight and is controlled by a

separate safety cable operator.

Models used for flight testing in this facility are
in the 25-80 1lbs weight range. The models are
designed to be true dynamic models but the
construction is much more durable than that of the
balsa models used in earlier free flight testing
work. Liberal use is made of fibre glass,
plastic, hardwood and steel in place of balsa

and aluminium??.



The techniques for determining low speed dynamic
stability and control characteristics with free-
flying models have reached a high degree of
development in the above mentioned facility.
Although highly developed, the technique is still
basically simple and considered primarily as a
qualitative rather than a quantitative research
too0l3%. The results obtained with this

technique have been generally in the form of pilot
opinion of flight characteristics and motion-
picture records obtained with 16 mm cameras
located at three or four different positions around

the test section.

(d) Technique Used in Magnetic Suspension Tunnels

Dynamic testing with magnetic suspension models
has been pursued '+ for a number of years, mainly
at MIT, at the University of Southampton and

the University of Virginda. Reference 31 gives
a useful review of magnetic suspension techniques

used in these tunnels.

An experimental arrangement used at the University
of Virginia inan 11 e x 11 cm vertical subsonic
wind tunnel is shown in figure 8. A large pair
of Helmholtz coils produce a uniform field to
magnetize the model and the second pair of opposed
coils create a vertical gradiént which opposes
the weight and drag of the model. The remaining
coils create horizontal gradients which introduce
sideforces on the model. The test section of

the wind tunnel is located inside the coils.

Model position is sensed optically and a feed-
back control system, which drives power amplifiers,
supplies power to the magnet coils used to keep

+he model in the centre.
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The magnetic suspension system provides interference
free motion and has the added attraction of the
possibility of simulation of artificial gravity.
But, due to cost and complexity of equipment, such
facilities tend to be very small and consequently

of limited rather specialised application.

Semi-Free-Flight Research Techniques

Semi-free-flight techniques are those which
involve elimination of one or more of the degree's
of freedom. These techniques are subdivided into
two types. Those used outdoors and those used

in wind tunnels.

Outdoor Seﬁi—Free-Flight Research Techniques

These techniques are grouped into two classes:
The control line techniques in which the model
flies in a circle at the end of a tethering line
and the track technique in which the model is

mounted on a servo-controlled carriage.

(a) Control Line Technigue

In this technique the model is flown in circular
flight at the end of a tethering line or, in

some cases, a rotating boom. The models are
restrained in roll and yaw attitude and lateral
displacement but experience only minor restraints
in pitch attitude, vertical and fore and aft
displacement. Braun®? reported the early research
using'the control line technique by the USAF but most
extensive research has been carried out by NASA

on its control line facility 29,%®,  The facility
was built primarily for VTOL research. Figure

9 1is a sketch of this facility which is located

in a wooded area that serves as a wind break and
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permits testing even when it is fairly windy .
ielsewhere. The testing rig consists of a standard
crane with its circular track mounted on concrete
pillars placed in the centre of a 130-foot
diameter concrete circle. Four operators control
the functioning of the facility. The arrangement
of the overhead safety cable and the power and
control cables is the same as that used in the
Langley full-scale tunnel free-flying model
technique. In this case, the support of the
overhead cable is provided by a special jib
attached to the vertical boom.

The VTOL models used are usually powered by compressed
air but, in some cases rocket motors have been
used. Before starting on a transition test,

the model takes off vertically and is trimmed for
steady hovering flight. Then the pitch pilot
operates the model controls to perform the
transition to forward flight at any desired rate
while the power operator adjusts the model power
to maintain the desired attitude. The crane
operator rotates the crane so that the end of the
jib is above the model at all times, so that the

crane rotation has no effect on the model motion.

Test data from the control line facility are
obtained in the form of motion picture records
obtained from a camera mounted on the top of the
cab of the crane. Also included in the field of
view of the camera are indicators of model velocity

and control position.

(b) Track Technique

The Princeton University free-flight facility?"
is the only successful application of this
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technique which was developed primarily for testing
VTOL models in hovering and low speed flight.
The facility involves the use of a servo-
controlled carriage which runs along a straight
horizontal track 750 feet long. Mounted on this
carriage is a vertical track on which runs a second
servo~-controlled carriage which carries the model
support boom. The model is attached to this
boom with 9 inches of fore and aft freedom,
I3 inches vertical freedom and angular freedom in
pitch. During the test,the model propulsion system
provides the 1lift to support the model weight and
the thrust to overcome the drag in forward flight.
The model support system is located horizontally
and vertically by the two servo-controlled
carriages in response to signals from position
indicators at the model so that the model stays
at the centre of its small range of horizontal
and vertical freedom, thus providing no restraint
to the model in the horizontal and vertical
direction. Since the model is restrained in
lateral displacement and in bank and yaw attitudes,
only studies of the longitudinal characteristics
in hover and forward flight are possible. Lateral
characteristics in hover only are possible by making
tests with the model turned through 90° about

its vertical axis.

The models can be tested at speeds up to 40 ft/sec
~and can weigh up to 40 1bs. Unlike the models
tested with the control-line facility, models
tested in this facility are not equipped with
controls for flying, so the flight data obtained
are limited to longitudinal stability information
and response to pulse disturbances. The data

are transmitted from the model to the recording

equipment by telemetery. The results of the
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tests indicate good correlation between the
longitudinal dynamic stability characteristics
measured from the models and corresponding full

scale aircraft.

Semi-Free-Flight Research Technique in Wind Tunnels

These techniques are grouped into three classes.
The ONERA funicular Technique, cable mount

techniques and the rigid-rod mounting technique.

(a) ONERA Funicular Technique

This technique has been developed and used by
ONERA in its large open-throat tunnel at Chalais-
Meudon in Paris®®. Figure 10 shows sketches

of the two versions of the suspension system used
in this technique. An overhead cable system

with counterweight is used to support a proportion
of the model weight and a longitudinal towline

is used to supplement or replace the thrust of
model. The system shown in figure 10a is without
servo controls. The overhead and towline cables
are attached to the model by means of bridles
attached to points on the wing that lie on a

line passing through the centre of gravity and
perpendicular to the plane of symmetry. In the
servo-controlled system (figure 10b) no bridles
are used but the vertical and longitudinal cables
are servo-controlled so that they remain
essentially perpendicular and parallel to the
airstream respectively. Thus there are four
degrees of freedom: three degrees of rotational

freedom and freedom of lateral translation.

The powered models used in this facility weigh
up to 125 1bs. The models were equipped with



control actuators that were operated by two pilots
located in a control room at the side of the test
section. Typically, one of the pilots cdntrols
longitudinal motion while directly observing the

model. The second pilot controls the model

laterally by observing it on a television screen.

The television camera which provides this view is
located at the rear of the test section. Records

of model motion and control deflections are obtained

by photographing instruments mounted on the model,
motion picture records of the model in flight are

also obtained. In one of the investigations

involving an experimental aeroplane modél a pilot sat in
the cockpit of the model to study the low speed stability

and control characteristics.

Although the system of cable restraints used in
this technique produces flight characteristics

that are not directly applicable to a complete
free-flying aircraft, the research group at ONERA
conducting the tests has found that reliable
information can be obtained by careful analysis and

interpretation of results.

(b) Cable Mount TechniQue

The NASA Langley transonic wind tunnel facility
utilizes this technique and the facility was
originally developed for flutter research3®. With
some modification the same set-up has been used
for the analysis of rigid body motion of the
aircraft as described in reference 36. Figure 11
shows the general arrangement of the model mount
system which allows lateral and vertical
translation of the model as well as angular
rotation about all three axes, thus giving the
model five degrees of freedom.



- The unique feature which makes this facility highly
suitable for the study of dynamic and aeroelastic
problems of aerospace vehicles is the use of a
variable density Freon-12 (or air) test medium.
Freon-12 has several characteristics which make

it a very attractive test medium for scaled
dvnamic model studies. The most advantageous
characteristics are the high density of, and low speed
of sound in Freon-12 relative to air at the same
pressure and temperature. The relative low

speed of sound is significant for several reasons:-
For dynamic model tests in which the reduced
frequency scaling parameter must be satisfied, the
lower tunnel speed for a given Mach number reduces
directly all of the pertinent frequencies and
consequently simplifies the instrumentation
required. The lower velocity also reduces the
inertia loads. For dynamic tests (including
flutter) where the ratio of structural density

to test medium density must be the same for the
model as for the full size aircraft, the denser
Freon-12 permits heavier models to be constructed.
This is a distinct advantage considering the
difficulties of fabricating models light enough

to simulate mass characteristics of aircraft at
high speed and low altitudes. Another benefit

is that for a given model size, the test condition
of equal Mach No. and stagnation pressure produces
a Reynold's number in Freon-12 approximately three
times that of air. The principal uncertainty
associated with the use of Freon-12 as a test
medium is the fact that its specific heat ratio ¥y
is not the same as for air (1.13 as compared with
1.4 for air). There have been numerous studies
to relate the quantitative difference which exists
between the compressibility factor for air and

Freon-12 so that data obtained in Freon-12 can be



utilized to predict the corresponding characteristics

in air.

Reference 10 has attempted to assess the validity
of predictions obtained from dynamically scaled
models in the Langley facility. The test results
relate to gust and buffet response, control surface
effectiveness, flutter and active control of
aeroelastic effects. The results in general
indicate that predictions from the wind tunnel
studies were substantiated by full scale flight

measurements.

(c) Rigid Rod Mounting Technique

This technique is used by DFVLR at the Institute
fur Flugmechanik wind tunnel facility for free-
flight researc%}%37keference 36 gives the details
of the facility used for flutter research. The
wind tunnel used for this facility has a 4 metre
test section with a maximum speed of 70 metres/sec.
The wind tunnel mounting fixture consists of a
tube frame with a vertical rod on which the |
model can slide (figure 12); The model possesses
three degrees of freedom, i.e. pitch; yaw and
vertical translationja weight(gravity) compensation
system is also being used. Earlier, a spring and
cam arrangement was used to provide the vertical
force but later the system was modified and an
electric torque motor was used to provide the

~vertical force, via a suspension cable.

The tests were performed on a % scale model of a
light, twin engine transport aircraft (Dornier
DO 28 TNT). The model was built from carbon
fibre reinforced plastic. Electric motors

provided control actuation of elevator, landing



flaﬁs and aileron. The measurement system
consisted mainly of angle of attack vane,
accelerometers, and a pitch rate gyro. The
measurement signals and control command were
connected to the control centre via a cable. The
control centre consists of a PDP 11/45 digital
computer, TRA48 analogue computer and a registration

and evaluation compartment.

Facility Design Considerations

General Constraints

(a) Similarity Laws

In a study where scaled models are to be used for
investigation, one must consider how scale model
tests may be conducted so that the results are
applicable to the corresponding full scale

problem. In order to use a model to simulate

the conditions of a prototype, the model system
must satisfy certain similarity parameters. These
similarity parameters, which one tries to find in
dimensionless form, can be derived either by
considering relevant equations describing the
motion or by the method of dimensional analysis.
Some of the required similarity relationships in
the study of dynamic behaviour of an aircraft have
been derived in the literature. Schefburg and
Rhode®® derived similarity requirements for free
flight spin models but they neglected the

variation of air density between the test condition
and corresponding flight attitude. Neihouse and
Pepoon®® restricted their similitude requirement

.to the study of full-scale Mach. number simulation.

Bisplinghoff"® derived the similarity laws for



an unrestricted flutter model using the technique

of dimensional analysis and pointed out how these

laws could be extended to a dynamic stability model.

The derivation of similarity wequirementé for rigid body
dynamics are presented in Appendix A. Table A.1 in

the appendix lists a summary of similitude laws

for model design and interpretation of model

motion.

For a complete dynamic simulation the scaled model
must be geometrically, kinematically and dynamically

-similar to the full scale»aircraft.

For geometric similarity, the model must have

the same shape as the full scale alrcraft that is,
the model must be a scaled down version of prototype.
Then the ratio between the corresponding linear
dimensions of the model and of the full scale
aircraft will be uniformly similar. When
aerodynamically important regions of the aircraft
are geometrically scaled, then one can achieve the
same aerodynamic characteristics on a model as
exist on a full scale aircraft (kinematic
similarity) provided Mach No. and Reynold's No.

similarity is also satisfied.

The folloWing non-dimensional paramefers must be
equal for dynamic simidarity of the scaled model

and aircraft.

(i) Mach Number: The Mach Number takes into
account the compressibility effects of the airflow

and is defined as:

v,
a

Mach Number M = (2.1)

The discrepancy in Mach Number between the model




and full scale flight is unimportant for low speed
investigations as compressibiilty effects at low
Mach number are not very significant. As long as
the model speed remains below a value corresponding
to the full scale speed at which compressibility
effects begin to appear, Mach number effects can

be neglected. In practice if the Mach number

of the aircraft is below M=0.4, the Mach number
effects are neglected. At higher speeds
compressibility effects become dominant and Mach
number equality must be satisfied for dynamic
similarity. In transonic and supersonic dynamic
testing this requirement poses even greater
difficulty in model design as compared to subsonic
testing. Use of Freon-12 instead of air is one
way of overcoming this problem as discussed earlier

in this chapter.

(ii) Mass And Mass Distribution: To ensure that

a scaled model exhibits similar dynamic behaviour
to the full scale aircraft the relative mass
parameter and the relative radius of inertia must
be correct for both model and aircraft. The above

parameters are defined as follows.

Relative mass parameter: p, = _2m (z.2a)
L pslu
: ' v 2
Relative radius of Inertia: Ky =(-fz) (2.2b)
u

The compliance of the above two parameters results
in the correct weight and inertia relationship

between the model and full scale aircraft.

(iii) Strouhal Number: The Strouhal number corresponds

to reduced frequency and is defined as follows.
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Strouhal number § = —— (2.3)

When it is equal for model and aircraft then the
dynamic angles of attack are equal. The time scale
factor T can be determined from Strouhal number

equality for a given geometric scaling.

(iv) Froude Number: Froude number scales the

gravitational effect and is defined as:

_ Vv
Froude number Fln -fET. (2.4)

In free-flight dynamics gravity is of great
importance because the ratio between motion
acceleration and gravity acceleration must be
constant. The significance of Froude number as
applied to an aeroplane is shown by the combination
of the Froude number with the relative mass

parameter u; as follows:"*!

u ' ,
L _ 2mg _

T " s = CLo (2.5)
r psV

where CL

o is the 1ift coefficient in the initial

steady flight condition. This shows that the
Froude number determines the steady flight condition
and the equality of Froude number ascertains that

a model flies at the same reference angle of attack
as the full scale aircraft. Implicit in the

above statement is the fact that the model

produces the 1ift necessary to support its own

weight.

The Froude number equality results in the following

expression for velocity ratio:
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Now if acceleration due to gravity on the model and

aircraft is assumed the same then

=Ix ‘ ' (2.7)

ol

-~

it is clear from the above expression that where
the model flies under natural gravity i.e. model
1ift supports model weight, the velocity ratio is
dependent on geometric ratio of the model and full
scale aircraft. It is also evident that if
geometric and veiocity scale factors are
established independently, then the requirement of
Froude number equality is difficult to achieve

without changing the apparent gravitational effect.

In order to carry out similar wind tunnel tests, it
is often desirable to have the velocity ratio
independent of geometr@c scale factor. Let us
consider a case where Vg_ﬁﬁ_i‘e' model is flying

at a lower velocity than demanded by Froude number

equality. Then from equation (2.6), we get

which implies that for proper simulation the
~acceleration due to gravity acting on the model
should be less than that on the aircraft. In
other words the model should produce less lift
than weight in this'configuration, and in order to
fly the model in the wind tunnel, its weight has
to be compensated. This technique is used at



DVLR >}’ as discussed earlier.

(v) Reynold@'s Number. Theoretically for dynamic

simulation Reynold's number or ratio of inertia
to viscous forces is required to be the same for
the model and the aircraft. It can be seen
from the following consideration that the use of
a scaled down model makes it impossible to
simulate the Reynold's number correctly in the
dynamic wind tunnel test using air only.

V1 V_1
m~m a~a

m m -~ €a Y@

Let us consider the case where gravitational

equality is maintained.

vV
Then VE-: /K} giving
Va »
R Y, .
°m . la, (2.8)
Re "

It is clear from the above expression that in the
case of dynamically similar models, there is a
scaled down relationship between the full scale
aircraft and model Reynold's number in terms of the

fixed parameters.

Figure 13 illustrates the relationship between scale
factor and the dimension on which Reynold's number

is based for three values of model Reynold's

number. It is assumed that both aircraft and model
are operating ét sea level and full scale Mach No.

is 0. 3. Based on the same assumption figure 14 shows
the model span necessary to achieve a Reynold's

nunber of 0.5 million (based on mean chord) plotted



against the full scale span for a number of aspect
ratios. It is evident that to achieve both
dynamic similarity and a reasonable test Reynold's
~number would entail the use of very large models
when the representative aircraft has large span
and aspect ratio. Conversely, models of economic
size can be employed only when the aspect ratio

is low.

It is a general practice in dynamic wind tunnel
testing to achieve a Reynold's number in the wind
tunnel higher than the critical value(ReiO.uxlos)

at which the flow becomes turbulent.

(b) Wind Tunnel

The test section size and maximum speed of the

wind tunnel selected for dynamic simulation

impose direct constraint on geometric scale ratio
and velocity ratio. If the size of the test
section is large, larger models can be accommodated
thus giving more room in the model for
instrumentation and controls. Higher wind tunnel
speeds can be used to simulate the corresponding
full scale flight condition of higher Mach number.

There are a number of low speed wind tunnels in

the College of Aeronautics but only two are large
enough and have the desired speed range to be
considered suitable for dynamic wind tunnel
testing. They are the 8' x 6' closed test section
tunnel and the 42" diameter open jet tunnel.
Finally, the 42" diameter 'Weybridge' tunnel was
preferred over the 8' x 6' tunnel for the following

reasons: -

(i) Availability Being the largest tunnel in the




Department, the 8' x 6' tunnel is heavily committed
to various other research activities apart from
scheduled MSc course laboratory exercises. The
Weybridge tunnel is usually comparatively less
committed and can accommodate this additional

activity.

(ii)Open-Jet Test Section The 'Weybridge' tunnel

has an open jet test section which gives greater

flexibility as far as the installation of the model
support system rig is concerned. Thus the idea of
a model suspension frame which can be rolled in and

out of the tunnel as a complete unit was conceived.

The 'Weybridge' tunnel is an open jet return

flow wind tunnel, figure 15 gives the general
layout and leading dimensions of the tunnel. The
tunnel has a maximum speed of 130 ft/sec. 'The
nozzle has a circular cross-section of 42"
diameter. A clear length of 5 feet is available

between the nozzle and return pipe face.

Since the 'Weybridge' tunnel calibration was not
available, it was decided to re-calibrate the

- wind tunnel. The calibration was carried out in
three planes, at the jet efflux face, at 28"

and 44" from the jet efflux face. At each plane,

a pitot and static pressure survey of the complete

jet was carried out, and values were recorded

in a grid pattern of 2" vertical by 4" horizontal
distances. From these readings variations in )
local velocity from the mean velocity were calculated.
The complete calibration.is reported in reference 472.
The calibration was carried out to ascertain the useful
area of working section where jet velocity variation is
low so that the geometric scale ratio of the model

can be determined.
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(c) Cost and Complexity The resources available

for this investigation were limited and the project
was to be supported by the departmental funds with
maximum use of local workshop facilities to keep the
costs within a limit. The above considerations
contributed to the choice of the least complex
technique and the subsequent compromises in the
design of sub-systems. However, the design is
sufficiently flexible to allow for ready improvement,

modification and expansion as and when necessary.

Technique Selected

From the literature research of free-flight
techniques used in various aeronautical research
establishments, it is evident that a variety of
techniques have been used for free-fiight dynamic
testing. However, free and semi-free flight
techniques using conventional wind tunnels are
limited in number. The wind tunnel free-flight
techniques require large test sections so that the
models have sufficient space for the desired test
manoeuvres or flight paths. The models currently
in use for free-flight techniques are non-expendable
because of cost and complexity in making these
highly sophisticated models and requires elaborate
safety features to protect against accidental
damage. As these models have up to six degrees
of freedom, a number of controllers or pilots are
required to control the model éffectively and
precisely and add further to the cost and
complexity. The limited size of the 'Weybridge'
tunnel test section and the necessity to keep the
technique simple restricted the choice to a semi-
free flight technique.

Among the semi-free-flight techniques discussed
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earlier in this chapter, the rigid rod type of
model suspension technique shown in figure 12 was

.selected for the following reasons.

(a) The technique is relatively simple and can
be employed at a small scale to which the present

facility is restricted.

(b) The rod and the supporting frame can be made
quite rigid and suitably braced so that the model

dynamics can be made free from support influence.

(c) If allows unpowered models to be used thus
avoiding the complexity of a powered model.

Unpowered models are relatively inexpensive, light
and simple to construct. The absence of a power
plant allows more internal volume for instrumentation

and controls.

(d) Although the rigid rod suppresses the
longitudinal and lateral translation of the model,
it does not effect the short-period dynamics of
the model (figure 16).



- CHAPTER 3

DESIGN AND CONSTRUCTION

3.1

Introduction

As mentioned earlier, the overall design of the
facility was determined by the available wind

tunnel and the necessity for simplicity and low

cost. Hence the rigid rod technique was selected

to be used in the 42" Weybridge wind tunnel. The
primary objective was to build a facility that would
allow a dynamically representative aircraft model

to fly in the wind tunnel with as many of the natural
degrees of freedom as reasonably possible. In order
to achieve this objective the design and construction
process was required to produce a controllable
dynamically scaled aircraft model, a suspension
system for the model, and an electronic control unit

to interface with the model.

Model Suspension System

Introduction

The heart of the suspension system, designed for
the facility is a vertical rod mounted in bearings
at its upper and lower ends so that it may rotate
about the vertical axis. The rod is carried by
means of its upper and lower bearings mounted in
plates which are suspended in a large transportable
"DEXION" framework by means of rigid wire bracing.

A sleeve is keyed into the vertical rod such that it

may slide freely but is constrained to rotate with
the rod. The sleeve thus forms part of the gimbal
system which is mounted in the model. Thus the

model is free to rotate in pitch and roll about the



sleeve piece, rotation in yaw is about the rod
vertical axis and vertical translation involves

the sleeve sliding on the rod.

Gimbal System

The vertical rod mounting technique suppresses
longitudinal and lateral translation. The model
suspension was designed to retain the remaining four
degrees of freedom with as much movement as was
reasonably possible. The gimbal system thus
designed was to provide pitch and roll freedom and
provision to measure these attitudes accurately.

It was also to be designed to allow the model to
fly freely along the longitudinal axis of the vertical
rod. In order to minimise the external airflow
interference on the model, the gimbal system
attachment to the model had to be housed inside the
model fuselage which produced the constraint on
overall size of the gimbal arrangement, dictated
primarily by the model fuselage width. Since the
scaled model weight for a given flight condition
(altitude) is fixed, the weight of the gimbal
arrangement, which fbrms a part of the model weight,
had to be kept to a minimum whilst not sacrificing
the desired strength of the gimbal to withstand the
aerodynamic and shock loads caused by the model

impacting the vertical motion end stops.

The final design of the gimbal‘arrangement is presented
in figure 17 and plate 1. The gimbal arrangement
consists of two frames comprising the outer and the
inner gimbal. The outer gimbal provides roll
freedom to the model. It houses a roll attitude
measuring potentiometer and +30° roll angle safety
lock to restrain the model to controllable limits
whilst remaining sufficiently practical. The



potentiometers used for measuring attitude angles
are Penny and Giles rot;ry conductive plastic ;
potentiometers with virtually infinite resolution.
These high quality potentiometers were selected
for their accuracy, sensitivity and resolution, the
characteristics required for accurate measurement

of model attltude. The outer gimbal also provides
the attachment between the suspension system and the
model. The gimbal is bolted to the model, about
its c.g. point, the securing bolts passing through
elongated holes in the gimbal frame to allow for
adjustment of model pivot point and c.g.. The
inner gimbal provides the pitching freedom of the
model, it houses the pitch attitude measuring
potentiometer and the %30° pitch attitude lock.
Although the above mentioned high resolution
potentiometers were of the smallest size available,
the casing of the pitch potentiometer had to be cut
down to allow the potentiometer to fit into the small
space available between the two gimbal frames, a
constraint due to the limited model fuselage width.
The inner gimbal is attached to the vertical sleé;;-
which slides along the vertical rod of the suspension
thus providing the vertical freedom to the model.

To reduce the effect of friction, the shaft
attachments between the outer and the inner gimbal
frames and the sleeve are carried in precision
‘bearings with small ball races, whereas the sliding
vertical sleeve incorporates precision linear ball

bearings.

Vertical Rod

The vertical rod, by the very name of the technique
selected, had to be very rigid for the rigid body
dynamics simulation. It had also to provide yaw



and vertical freedom to the model and provision for

the measurement of yaw attitude.

The salient parameters of the designed rod are given
in table B.ad of Appendix B. The length of the rod
represents the maximum vertical travel of the model
in the wind tunnel, and hence the wind tunnel test
section size imposes the maximum length constraint

on the rod design. In the absence of large compression
loads on the rod, which could cause buckling, the
bending deformation due to the aerodynamic loads
(drag) on the vertical rod, was the main design
criterion in determining the rod length, diameter

and material. Like any design process, the design.
variables have a contradictory influence on the design
requirement, e.g. larger diameter size had favourable
effect on the rigidity and hence bending criteria,
but it had an adverse effect on the design constraint
on the gimbal sleeve diameter. A larger rod
diameter is also undesirable as it would have an
adverse interference effect on the airflow around

the model. The moment of inertia of the rod also
increases with an inerease in diameter, which is
undesirable as it contributes to the model yaw

inertia.

The vertical and yaw freedomare separated by the

following design arrangements. The rod is grooved

(plate 1) along its length and a nylon key is installed

in the vertical sleeve of the gimbal system (figuré |
17) which runs in the groove. This enables the

gimbal (and hence the model) to move freely in

vertical direction whilst constraining it to rotate

about the yaw axis with the rod. The rod is mounted

on the upper and leower end plates (figure 18) in precision
ball bearings thus allowing it to rotate in yaw. Since’

the vertical rod moves with the model in yaw,
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the yaw moment of inertia of the model includes
contribution from the vertical rod but it is very
small, as seen from table B.l, by virtue of the small

rod diameter.

Mounting Frame

The upper and lower end plates & vertical rod assembly
is rigidly wire braced to a large "DEXION" frame as
shown in figure 18 and plate 2. The "DEXION"

frame was constructed primarily to avoid rigging

the model in the wind tunnel thus saving installation
and removal time and avoiding excessive handling

of the model and support system. It also provides

a very rigid platform for the facility. The main
advantage is that the model can be prepared for test
outside the wind tunnel and the whole facility

moved into the wind tunnel as required.

Aircraft Modél

Introduction

A dynamically scaled model of the British Aerospace
Hawk was chosen as the subject for the development
of the facility. The reasons for the choice were
that when scaled to suit, the model has sufficient
volume to incorporate the controls and suspension
mechanism, dimensional and other data was readily
available and it was of topical interest. To

suit the wind tunnel, the model was geometrically
scaled in the ratio 1:12. A three view. drawing of
the model is shown in figure 19 and its leading
geometric particulars are given in tableRB.2 of
Appendix B. Dynamic scaling of the aircraft
imposed a maximum model weight limit of 5.2 pounds



.3.2

for sea level flight conditions (tableB.3). As

this weight would include the contained suspension
mechanism, sensors, servo actuators and weight
allowance for mass and inertia balancing, it was
necessary to reduce the basic air frame weight to

a minimum. To meet this requirerent, the model was
constructed from balsa wood with lightweight hardwood
for the wings and tail surfaces.. The model is
controlled by the usual surfaces, ailerons, all

moving tailplane and rudder.

Design Description

The model fuselage was built using conventional
"keel and former" aeromodelling techniques'® as
shown in plates 3 and 4. %“ thick balsa sheet
was used for the construction of the keel and
bulkheads which were traced and cut to shape from

1/12 scale model drawings, these drawings having been

prepared from geometric data provided by BAe.
Bulkheads were chosen such that an exact fuselage
profile could be obtained. In all 25 bulkheads
were used to ensure the desired contours and were
cut away inside to give a hollow structure to the
fuselage to provide sufficient spaée for sensors,
servo actuators and mass and inertia balancing.

The fuselage structure was strengthened by using
balsa longerons following the contours of the fuéelage
as seen in plate 4. The fuselage structure also
housed a strong central box-like structure for
mounting the suspension gimbal and wing attachment
(plate 5). Removeable access panel structure,
vertical rod cut-out and empennage attachment areas
were also reinforced using hardwood. The model
fuselage was skinned with " thick balsa sheet

which gave a very strong and rigid structure.
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The wing was constructed from lightweight hardwood
for accuracy and strength as it was found from the
preliminary experiments with a 1/15 scale model
that balsa wood was not adequate for this purpose
for both accuracy and strength reasons. The wing
airfoil section geometry was approximated to from
inspection of the Hawk drawings provided by BAe.
The model wing has a scaled span of 30.8 inches,
leading edge sweep of 260, taper ratio of 0.34% and
2° dihedral. The outer trailing edges of the wing
carry scaled down ailerons. The two wing halves
were joined'together to form a one-piece assembly
(plate 6) and a round hole cut to provide passage
for the vertical rod of the suspension system and
allowance for 230° freedom in pitch and roll. The
wing-fuselage attachment is by three bolts which
engage with captive nuts secured in the fuselage
structure thus permitting easy removal for internal

access.

The ailerons are actuated through control rods by

a small electrically driven precision D.C. servo

actuator installed in the centre section of the
X L2

wing (plate 6) The aileron control hlnge extends
along the span of the wing and is embedded in it,

U

the details are shown in figure 20.

The fin and rudder and all moving horizontal tail
are also made of light hardwood. The fin is
permanently fixed to the fuselage. Metal inserts
were embedded into the horizontal tail to provide
secure hinge attachments and 10° anhedral angle was
provided by drilling the hinge axle hole at the
appropriate angle in the metal inserts. - Both
surfaces were joined together by a common hinge rod
which was mounted through the fuselage in alloy
bearing blocks as shown in figure 20. The rudder
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4
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and the horizontal tail are actuated by the D.C.

servo actuators mounted in the front fuselage bay

.J,yéccessible through a detachable access panel (plate

6), comprising the cockpit canopy.

The front fuselage bhay also houses two miniature
'D' type sockets which provide electric connections
to all servo actuators and sensors installed in the
model. The model is linked to the electronic
control unit through an umbilical cord which plugs

into these sockets.

The overall weight of the assembled model including
the weight of the servo actuators, linkage and gimbal
system came out to be about two pounds less than the
required scaled weight of the model and provided
sufficient margin for mass and inertia scalihg

with respect to the c.g. position. The method
adopted to measure moment of inertia was essentially
the same as reported in reference 44. A procedure

for calculating the weight, its dimension and

- location with appropriate inclination to the three

axes for satisfying the moment of inertia requirements
is given in reference 38. As the model is small

and access is very limited it was found quite
impractical to apply the procedure in this case.

A trial and error procedure of shifting weights to
bring the model inertia to scaled inertia values

was adopted but was found to be very time consuming
and tiresome. The final values of model weight and

inertia are given in tableB.4( Appendix B)

Electronié Control Unit

Introduction

The electronic control unit is a relatively small



transportable console and iInterfaces with the model
by means of simplé electrical connections. The
unit is ggpsiructed In modular fashion to ease
fault diaghosis and further functional expansion.

The following functions are provided by the unit.

(i) Primary control of the model

(ii) Programmable analogue computer elements
for feedback purposes

(iii) Output signals for recording and display

(iv) Input and Output signal interfaces

(v) Electrical power supplies

Figure 21 and plate 7 show the panels of the electronic
control unit. Figure 22 is a detailed functional
block diagram of the electronic control unit and

its interfaces with the model.

A major design requirement from the outset was that
all electronic control unit functions should be
selectable and hence programmable by mears of
external patch cord connections as used in a general

purpose analogue computer.

o :
The control panel incorporates a three axis control
stick for manual control of the model and three
control switches to input known signal forms to the
control surfaces for example a step or a pulse

input.

The model input panel displays external inputs to
the model which are obtained from the signal
conditioning amplifiers for elevator, aileron,
rudder and an auxilliary control channel reserved
for future expansion. The input to each amplifier

includes a trim potentiometer for trimming the



corresponding flight control for steady flight
condition and two sockets with gains of 1 and 10

are also provided for each control surface for
feedback loop and other external inputs from the
control panel. The conditioned demand signals

are monitored by the level indicators. Two sockets
are also provided for quantitative monitoring of

the model input signal.

The model output signals are fed to the model output
panel via signal conditioning amplifiers. Ten
output amplifiers are provided of which six condition
pitch, roll and yaw attitudes and elevator, aileron
and rudder angles respectively. The remaining

four auxilliary amplifiers are reserved for further
instrumentation expansion. A gain selection switch
is provided to scale each amplifier sensitivity
factors of 1 or 10. The output 'sockets thus provide
the conditioned signals for use in feedback loops

and also for monitoring and recording the model

response.

The analogue feedback elements panel provides the
input and output terminals of 6 integrators and

12 summers. Two input points of unity gain, one
input point for gain 10 and three output points are
available for each integrator. The summers also
have three output points but have four input points,
‘i.e. two of unity gain and two of gain 10. These
analogue computer elements are designed to be used
for feedback or other signal shaping purposes to
provide the means for experimental investigation of

stability and control augmentation systems.

The potentiometer panel houses 24 high stability,
single turn, cermet track potentiometers laid on

the panel in six groups of four. The potentiometers



in groups A and B have free earth connections whilst
the remaining are earthed at one end. The input
and output airms of the potentiometers are connected
to their corresponding sockets on this panel for use

by means of external connections.

The monitor panel houses a 0 - i'10 volts scaled
voltmeter for monitoring potentiometer settings or
reading signals from any part of the analogue
circuitry. Six potentiometer selection switches,
one for each group of potentiometers, are also
located on this panel. When a switch is depressed,
it disconnects the corresponding potentiometers from
the external connections, connects their inputs to
I10 volts of reference supply and their outputs to
the rotarykselection switch. The rotary selection
switch on selection connects each potentiometer to
the meter for monitoring its sefting against the
+10v reference. The selection of rotary switch to
EXT. settiﬁg connects the meter to the external

sockets for monitoring external signals.

The bus-bar panel houses two groups of 12 sockets
each arranged four in a row. Each row of sockets
is internally connected for providing multiple

outlets for common connections.

The signal trunks panel houses two groups (A and B)

of sixteen sockets each. Fach group is internally
wired to the trunks socket at the back of the electronic
control unit for external connections to monitoring,

recording or other equipment.

The mode logic panel contains the master OFF/ON switch
for the electronic control unit. The compute mode switch
on this panel, when depressed puts all the integrators of

the feedback analogue elements panel into the compute mode.The
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normal position of the switch corresponds to the

reset mode of the integrators.

The power supply requirements of the electronic
control unit for its various functions are as

follows:-

(1) t1s volts, 1 amp D.C. power supply for the
32 operational amplifiers being used in the
unit for signal conditioning, summer and

integrator circuits.

(ii) I10 volts, 100 mA D.C. reference power
supply for the various potentiometers in
the unit, i.e. stick unit, trim pots and
attitude sensors etc and for monitoring

potentiometer settings.

(iii) I volts, 1 -amp D.C. power supply for the
servo actuators used for actuating control

surfaces of the model.

(iv) 6 volts, 200 mA D.C. power supply for the
indicator lights used on the mode logic

panel.

- High quality commercial power supplies were used

except for the 15 volts 1 amp power supply. The
design of this power supply is discussed later in

the chapter.

Circuit Design

The functional circuits of the input control panel,
output control panel and the feedback analogue
elements panel are designed to utilise general

purpose printed circuit boards stacked in a card
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rack mounted inside the electronic control unit
(plate 8). The electronic circuit cards for each
panel function are designed to be identical for
interchangeability. The modular nature of the

design also helps in quick fault diagnosis.

The following two types of high gain operational

amplifiers have been used in the circuits.

(1) RS 741 (Equivalent - Texas Instruments pA 741)
This is an inexpensive general
purpose operational amplifier satisfactory
for low frequency applications. These
amplifiers were used in all summers including
input and output signal conditioning
amplifier circuits. In each case the input
offset voltage is nulled out using a trim
pot between offset adjustment terminals.

A typical summer circuit is shown in figure 23a.

(ii) RS J FET 355 (Equivalent uAF 355)
This high performance amplifier with very
low input offset current (10 pA) was found
suitable for the integrator circuits after
some experimental trials. The input offset
voltage of this amplifier is also low and
is further reduced using an offset adjustment
circuit. A typical integrator circuit®

is shown in figure 23b.

Each model input card contains three input signal
conditioning amplifiers for the corresponding three
control surfaces. ‘The card circuitry is given in
figure 2y4. The command signals from the stick unit,

trim pot, and the two external connection points on
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the input panel are connected appropriately to

each amplifier. The signals are conditioned to
proper signal levels through various gains and are
fed to the inputs of the model control surface servo
actuators. The sensitivity of the control surface
with the stick unit and the trim pot can be varied
to suit by changing the corresponding input

resistance to the amplifier.

Each model output card also contains three signal
conditioning amplifiers for the corresponding three
outputs from the model sensors. The circuit is
shown in figure 25. The outputs from the model
sensors are fed to the signal conditioning amplifiers
through a gain selection switch (gain 1 or 10) on the
output control panel. The signal is amplified to
suitable values by adjusting the variable feedback
resistor (0 - 100 K) of each amplifier. The output
of 'the amplifiers is then fed to the output control
panel.

Each analogue element card contains one integrator

and two summers. The circuit is given in figure

26, Each integrator is designed for three inputs,
two of which have unity gain and the third has a

gain of 10. The feedback capacitor of the integrator
is shorted out by means of the Reset/Compute

switch. Each summer is designed for four inputs,

two of unity gain and two of gain 10. The output

is fed back to the analogue element panel.

The design of Is volts, 1 amp power supply for the
- servo actuators is presented in figure 27. The

design procedure is taken from reference uB.



It is felt that the objectives of the design and
construction of the facility are achieved, keeping
in view the limited size, low cost of the equipment

and overall simplicity of operation.

However, suggestions for improvement in both the
designed facility and operating procedures are

given in Chapter 7.



CHAPTER 4

THEORETICAL BACKGROUND

4.1 Longitudinal Dynamics

The investigation of longitudinal stability and
control involves the study of the characteristics
exhibited by the aircraft in the plane of symmetry
(figure 28a ). This plane of symmetry divides
the aircraft into two symmetrical halves and
contains components of motion only along the X
(drag) and Z (1ift) axes and about the Y (pitch)
axis.  Aircraft motion in the plane of symmetry,
i.e. longitudinal motion, generally results in |
insignificant motion in the plane of asymmetry,
i.e. lateral and directional motion. Therefore,
iongitudinal stability and control can be
investigated independently from lateral—directiohal

stability and control.

bL.1.1  Equations of Motion

(i) Free Flight

The linearised dimensionless longitudinal equations
of motion (Appendix C ) are obtained from
references 47 and 48. The equations are developed
using the small perturbation theory for an aircraft
in the three degrees of longitudinal freedom. )
These non-dimensional equations referring to wind

axes (stability axes) are:-
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and the differential operator is
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The equations (4.1) can be further simplified by
noting that for most aircraft, the dimensionless

derivatives, x Z 4 X

9’ q w
small and are found to be of secondary importance.

and z. are insignificantly

Also, in case of steady level flight tane = 0 for
wind axes. (Figure 29 )

The resulting simplified equations are:-
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Where Yow 1 représents Drag Characteristics
row 2 represents Lift Characteristics
row 3 represents Pitching Moment

Characteristics CS

and
column 1 represents terms generated by changes

in horizontal velocity

column 2 represents terms generated by changes
in angle of attack

column 3 represents terms generated by changes
in pitch altitude

column 4.represents terms generated by changes

in elevator angle

Where q = DO

S o_d, A
and D = /dt
(a) Longitudinal Dynamic Modes

The longitudinal dynamic modes may be determined
from the characteristic eQuation obtained from
the dimensionless longitudinal equation (4.2).
This is achieved by considering free motion (n=0)

and assuming solution of equation (4.2) of the form

A At A At At
u = pe s W = poe 0 = pse (4.3)

where Pi> Pos Pg and A are constants, and t = t/T

The characteristic equation thus obtained is

A+ zZ. -A =0 (4.4)

m Amw+mw A +Anh




Equation (4.4) yields the longitudinal quartic
characteristic equation in terms of dimensionless
operator A

m

Ax' + B

3 2 _
1A + C1A + Dik + El = 0 (4.5)
The coefficients in the above equation in terms

of the aerodynamic stability derivatives are

A1 =1

B1 =X, Pzt mq + me

C, = (xuzw-xwzu)fﬁa(xu+zw)+m®xu+mw (E.G)
Dy = mq(xuéw—xwzu)+mﬁZuCL+mwXu

Ei = mwzuCL

For a conventional aircraft the coefficients D1
and E1 in the characteristic equation are usually
small as compared to C; and equation (4.5) can

approximately factorise into the form

C.D,-B.E £
(A4 40, ) (a2 21 7272 5 T1y g (4. 7)
JMCy 5 C

The ldngitudinal motion represented by equation
(4.7) exhibits two different types of longitudinal

oscillation.

(1) One of short period with relatively heavy
damping, called the "Short Period" mode.

(ii) Another of long period with very light
damping, called the "Phugoid" mode.
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(b) Short Period Oscillation

From equation (4.7), the short period pitching
oscillation is described by the complex conjugate
pair of roots,

A2+ BA +C) =0 (4.8)

1 1

describing the mode characteristics, undamped

natural frequency, wsp = ’Cl

B
damping ratio, 4 = (4.9)

1
sp /2162

where

and

Cy= (xuzw—xwzu) + mq(xu+zw)+mwxu +om
The Short Period mode is characterised primarily
by variation in angle of attack and pitch angle
with very little change in forward speed.
Relative to the Phugoid, the Short Period has

a high frequency and heavy damping. Typical
values for its damped period are in the range of
2-5 seconds. Generally, the short period motion
is very important in the handling qualities
context since it provides a dominant contribution
to aircraft response at frequencies similar to

human'pilot frequency.

(c) Phugoid Oscillation

From equation (4.7) the Phugoid oscillation is



described by the complex conjugate pair of roots

(C,D, - B.E)) E
S S S S W (4.10)
2 C
C 1
1
"resulting in E
undamped natural frequency w o (4.11)
ph | C4
C,D, - B,E
damping ratio ¢ n 11 11
P 2{31c13

where
B, = x +z_ +m +m-~

1 u''w g 'w
Cl=(xuzw-x

z )+m_(x +z )+mexX +m
w-u q( u “w wu w

Dlzmq(xuzw_$wzu)+meuCL+mwXu

E1=mwzuCL

The Phugoid mode is characterised mainly by
variation in speed u and pitch attitude 0 with
incidence * nearly constant. This long period
oscillation can be thought of as a constant total
energy situation with cyclic exchange of potential

and kinetic energy.

Because of low damping, the motion may decay over
many cycles. However, the long period combined
with the low damping results in an oscillation
that is easily controlled by the pilot even when
marginally divergent. When the pilot is in the
lobp, he is frequently not aware that the Phugoid
mode exists as he continuously corrects the motion

with control inputs. Typical values for the



period are in the order of 45 to 90 seconds.

(ii) Wind Tunnel Simulation

The model is suspended in the wind tunnel so that
the x-axis is suppressed thereby allowing the
drag force equation to be removed from equations
(4.2). Also, the air velocity in the tunnel is
constant during a test run and hence the terms
describing the perturbation in velocity u can also
be removed from equations (4.2). Thus the
longitudinal equations reduce to
(Dtz Jw - q = —z{n

R o R (4.12)
(m&D+mw)w+(D+mq)q = —m{n

and the corresponding characteristic equation

A+ z -1
W .
A =0 , (4.13)
Amw+mw A+m
or
2 _
AT+ BZA + C2 = 0 (4.14)

resulting in

undamped natural freguency w

M%I

sp
and Bz
damping ratio 4 z —
' , SPp 2[c
2
where
B2 = zw + mq + m*
(4.15):
C2 = zwmq + Mg



- Equations (4.14) and (4.15) describe the Short
Period pitching oscillation mode of model motion

in wind tunnel simulation. It is a modified

mode due to above mentioned restrictions but its
frequency and damping terms contain all the
important stability derivatives which contribute to
the Short Period mode in free flight.

(iii) Comparison

The comparison of equations (4.7), (4.9) and (4.14)
highlight the following characteristics of the

wind tunnel simulation.

(a) The wind tunnel simulation technique has
suppressed the Phugoid mode in the
longitudinal dynamics. This is due to the
fact that the Phugoid. mode comprises
airspeed and attitude variation and by
suppressing longitudinal freedom and by
keeping the tunnel speed constant, the
variables essential to the Phugoid mode

are removed.

(b) The Short Period mode can be effectively
 demonstrated by the simulation technique

selected. The undamped short period
frequency, ugp, andvdamping ratio %
terms in equations (4.9) and (4.14) are
similar except for fefms due to the
perturbation in forward velocity. But, as
the short period response is very quick and
highly damped, the short time interval does
not allow significant speed changes in
either the free flight or the simulated
aircraft. Hence, terms due to perturbation

in the forward velocity can be safely omitted.



(1)

(ii)

Effects of Various Parameters on the Longitudinal

Simulated Short Period Pitching Oscillation

The characteristics of this motion to be

investigated are defined by,

(a) Frequency or period of motion

(b) Damping of the motion.

(i) Frequency

The undamped natural frequency, wsp’ is given by

the equation (4.15). Through several mathematical

manipulations, the frequency equation can be
written in terms of various parameters in the

following two forms

1 Mo
(.USP = a—z —]Jj_(MW*'a—u‘) (4,16)
y/c
and
p M2
Y/2%a -
LOSP = T sSC a(Xc.:g'_ Nm> - (’4’.17)

where equations (4.16) and (4.17) represents
undamped Short Period mode frequency in terms of
stability derivatives and flight condition

respectively.

Several important relationships can be gathered
from the study of equations (4.16) and (4.17).

(a) The undamped natural frequency of the short
period motion increases as Mach number
increases. In the subsonic flight regime,

the airspeed variation has the same effect.



(b)

()

(d)

(e)

(ii)

The damping ratio of the Short Period mode, ¢

The undamped natural frequency of the short
period motion decreases with increasing

pressure altitude at a constant Mach number.

The undamped natural frequency of the short
period motion decreases as the airplane_

cg is moved aft toward the stick-fixed
manoeuvre point. When the cg is at the
stick fixed manoeuvre point, the frequency
becomes zero, i.e. the motion becomes

nonoscillatory.

The undamped natural frequency of the short
period motion decreases with an increase in
moment of inertia in pitch. This is
analogous to increasing the mass in a

spring-mass-damper system.

The undamped natural frequency of the short
period motion increases with Mw’ the 'pitch
stiffness aerodynamic stability derivative.
The contribution to frequency of the pitch
damping . derivative Mq is negligible for

high performance aircraft having large Uy -

Damping Ratio

. sp?
can be expressed as follows:-
XK M de
$ (- —=— (1+d=)
z .
2(<)
Ssp < (4.18)

M
j -ui(Mw+a q/ui)



and
_2 -2
pS/2 Mc  M.o
- a _._g9 __w
bsp ~ = W, I T,
2]— S a(xcg—N ) g
y
(4.19)

The following important observations can be made

from equations (4.18) and (4.19).

al Pitch rate damping increases with 1lift curve

slope and with the "downwash lag" term.

b) Increasing the 'pitch stiffness stability
derivative, M , decreases short period
damping.

c) Moving the cg forward decreases short period
damping.

a) Damping of the Short Period mode is not

a direct function of airspeed or Mach number.

e) Damping of the Short Period mode decreases
with increasing Uy the aircraft

longitudinal relative density parameter.

) The pitch rate damping stability derivative
Mq’ because of its magnitude is the most
dominant term contributing to short period
damping.

g) The vertical damping term also

2
W/g
contributes significantly to total damping
and in a conventional configuration its

contribution can be in the range of 20-50%.
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Lateral Dynamics

The investigation of lateral stability and control
involves the study of characteristic motion
exhibited in the aircraft's planes of asymmetry.
Asymmetric motion comprises translation along the
Y-axis (side force)and rotation about the X (roll)
and Z(yaw) axes (Figure 28D. Lateral motion
generally results in some motion in the plane of
symmetry but as this is of very small amplitude

it will be considered insignificant in this study

for the flight conditions of interest.

Equations of Motion

(i) Free Flight

As for the longitudinal case, the linearised

dimensionless lateral equations of motion

(Appendix C ) are obtained from references 47 and u48.

These dimensionless equations are:-
(5+yv)$+ypg+(1+yr);;é1¢-é2w+ygz+ygt=0
1V\’;+ (]3+lp)1;+ ( eX]3+lP);+lEfg +1C’; =0
nVG+(625+np)£+(5+nr);+ng€+nct =0

where
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p = Do
r = DY
izx ' sz
ey, = - /iX = - /IX
izx sz
e, = - /1Z = - /IZ ' (4.20)
g4 = gcos@, * CL
g, = g51n€% =CLtane€x
and
So_d, A
D = 7/4%

In general the stability derivatives yp and Y
are very small and can be neglected. The

resulting simplified equations are:-

1 | 2 [ 3_ | 4
(D+y v -'+ -C 0 | +p I -ygr: Yt
I R T S S S
1 \ : +(D°+1 D)®'+(eXD+1r)r 0 lgg lcg (4.21)
o Ve D Do eBrnon = nt -n%
n, v l+ e, +nP ®‘+ D+nr r = ~n€5 -ncg

Where row 1 represents side force characteristics
row 2 represents rolling moment characteristics
row 3 represents yawing moment characteristics

and

column 1 represents terms generated by changes in

side slip angle

column 2 represents terms generated by changes in

bank angle

column 3 represents terms generated by changes in

yaw rate

column 4 represents terms generated by changes in

control angle.
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(a) Lateral Dynamic Modes

The lateral dynamic modes may be determined from
the characteristic equation obtained from equation
(4.21). This is achieved by considering free
motion % =z = 0 and assuming that there is a
solutiog of the form

~ At At At
v o=pe , ® = pye s U = Pae (4.22)

where Pys> Pos Py and A are constant. The lateral

characteristic equation +thus obtained is

A+ Yy - CL 1
2 -

1, A +1PA éxk+1r =0  (4.23)
A2+n A | A+

Ny €z o) My

the determinant (4.23) yields the quartic
characteristic equation in terms of the

dimensionless operator A

At + B+ e 0% +Dd + Ey = 0 (4. 24)
where |

A3 =1 ~ e e,

By = lp+qp —e,xnp-ezlP +(1—ex.ez)yV

C8 = Lpnr—lfnp—nv+eZlv+(1p+nr-exnp—e21r?yv

D3 :]vnp-lpnv+cle_exanv+(lpnr_:%np)yv

ay]
n

3 (anL)_Iv - (lpCL)nV

The roots of equation (U4.24) determine the lateral
stability characteristics, the roots correspond to
the Roll Subsidence mode, the Spiral mode and the
Dutch Roll mode.



(b) Roll Subsidence Mode
\

This mode is characterized by a large negative
real root. The root is usually sufficiently
large that it‘may be predicted approximately

by retaining the At and A° terms of the equation
(4.24) only, whence

- (Eé + Eé + E
Y 2
A A

w

) (4.25)

>

11

1
31 o
w jw
W

where terms in parenthesis are added to provide
iterations to find Arﬁ to any required accuracy.

A very good approximation is

w

s _ _3 s - -
App . 1y * np - eynpme 1oty (4.26)

1
o

where e e
Xz

The classic FRoll mode is a heavily damped, first
order, non-oscillatory mode of motion. The

motion is largely rolling, corresponding to the
rapid build-up in roll rate to a steady state

value for a given lateral control input. This
rolling motion is utilised by the pilot to

vary and control bank angle. Thus, the
characteristics of this mode have a major influence
on the pilot's opinion of the manoeuvering

capabilities of the airplane.

(c) Spiral Mode

This mode is characterised by a small real root
and is usually small enough to be given accurately
by the Dsl + E, terms of equation (4.24), whence,



(4.27)

where again the extra terms suggest iteration
which usually converges very rapidly. If E3

is positive, then the Spiral mode is stable and
the motion following an initial displacement, say
in sideslip v, would consist of a slow convergence
- to a level altitude and straight flight path.

If, on the other hand,'E3 is negative, then the
mode will be unstable and after an initial
displacement, the aircraft will enter an ever-

steepening spiral descent.

The pilot does not normallybexcite the Spiral mode
intentionally; however, it is excited whenever

the bank angle of the aircraft is disturbed from

a trimmed wings level condition. Therefore it
has considerable influence on the aircraft lateral
flying qualities. However, this mode is similar
to the Phugoid mode in that a pilot can easily
control it even if it is dynamically unstable

provided the time constant is large.

(a) Dutch Roll Mode

The remaining two roots of equation (4.24) are a
complex pair describing the Dutch Roll mode.
There is no.simple approximation for these roots.
However, a procedure often used is to reduce the
quartic to a quadratic by synthetic division, when
the real roots Arm and Asm are known. To get
better accuracy, Arm must be determined to high
accuracy using the iterative process suggested by
equation (4.25). The Dutch Roll mode is a
tightly coupled yawing and rolling motion with

a relatively high frequency. It is sometimes

referred to as a "nuisance" or "annoyance'" mode
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since the motion is not normally deliberately
excited in normal flying. = However, it is
inadvertantly excited almost continually by
pilot control inputs or by external disturbances.
Therefore, the characteristics of this mode of
motion greatly influence the pilot's opinion of

the aircraft.

(ii) Wind Tunnel Simulation

As discussed earlier, the wind tunnel model is
restricted in lateral translation and hence

the side force equation in equation (4.21) is
disregarded in the model motion.The rate of change
of the sideslip angle,s, is the negative of the
yaw rate, ;(B:—w) as the model is suspended in

the wind tunnel.

Applying the above conditions to the equation
(4.21) result in the following model lateral
equation of motion. ‘

A /\2 N ~ /\— _ ’— ,
L v + (D741 D)o +(e D+l dr= -1.5-17%

’/\ /\2 A A /\- _ ’ _ .
n, v + (eZD +npD)®+(D+nP)r7 ngi n;C (4.28)
-r = Dv
A )
p = D¢

and the corresponding characteristic equation is
2
1,-(e A+1 )\ B2 f

0 (4.29)
2
n - (A+n,)A e A +npk /¢



or
i 3 2 _ :

AHA + qu + qu + DHA = 0 (4.30)

where

Aq:l-ee

Bu = lP + nr - exnp - ezlr

CH =1 nr - 1rnp - nv * ezlv

The characteristic‘equation is a quartic, but
one of the roots is zero, representing neutral
stability in yaw (Reference 47 ), so the order
is reduced to third. The roots are a large

negative real one and a complex pair.

The real root of equation (4.30) is given by

i S S { (4.31)
where R is zero when F(X) = 0.

The reméining two roots of equation (4.30) are
a complex pair and are obtained by reducing the
quartic to a quadratic by synthetic division
when A is known.

rm

(iii) Comparison

The comparison of equation (4.24) and (4.30)

results in the following observations about the lateral
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modes of the model in wind tunnel simulation.

(a)

(b)

(e)

The wind tunnel simulation technique
suppresses the Spiral mode. This is due
to the fact that lateral translation is
suppressed which i1s an essential component

of the Spiral mode.

The Roll subsidence mode characteristic is
exhibited by the model but the time constant

obtained in simulation 143 does not

contain a side force contribution due to

side slip (yv). Although the sideslip
derivative Yy contribution is generally not

a crucial factor in design but its magnitude
can contribute up to 10% to the damping

of this lateral motion.

The wind tunnel simulation technique
demonstrates the Dutch Roll mode approximately,
again because lateral translation is suppressed.
The undamped natural frequency and damping
ratio donot contain a sideslip contribution

Yy and weight (CLterm), and hence correlation

with free flight may be doubtful especially

~in the low speed regime where the required

CL is high.

Effect of Various Parameters on Lateral Modes

of Model Motion

(1)

Roll Subsidence Mode

Roll acceleration is governed by the Roll mode

-time constant, T which is defined as the time



required for the roll rate to reach 63.2 percent
of the steady state roll rate following a step
input of lateral control. The roll rate time
constant can be calculated from equation (4.31)

and is given approximately by

1
T = - ' (4.32)
r lp+nr exnp-—ezlP

The most important contribution in equation (4.32)
is the derivative lp’ known as the roll damping
parameter. The Roll mode time constant is
approximately inversely proportional to the roll

damping parameter.

(ii) Dutch Roll Mode

There is no simple approximation for the frequency
and damping ratio of the Dutch Roll motion. '
However, rough approximation may be made to show
the effect of the most important stability
derivatives contributing to this mode of motion.
Assume that the model is suppressed in roll.

This results in the single degree of freedom
described by the yawing equation in equation
(4.21)

AN A A

2 N L
(D°v + nrDv - nvv) =0 (4.33)

with corresponding characteristic equation

A2+ n A -n =0 | (4.34)

v

c TN and c Npyi
where wDR = “ZNV/. and CDR 7
i. 2
b 2°v/.
i
Z

which can be reduced to
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S .
Wop = M N-Vy'zft‘Sb (4.35)
Z
and
3
pSb
C = -N (4.36)
DR r | 2N, T

From equation (4.35), the following important

relationship can be gathered.

(a) The undamped natural frequency of the
Dutch Roll motion increases as Mach number
increases or the period decreases as the

Mach number increases.

(b) The undamped natural frequency increases
with increasing Nv’ the directional stability
derivative and decreases with decreasing
NV'

(c) An increase in pressure attitude, decreases

the undamped natural frequency.

(d) The frequency decreases with an increase

in the moment of inertia in yaw.
The damping ratio of the Dutch Roll mode (equation
4.36) highlights the following important

relationships

(a) Damping of the Dutch Roll motion is largely
dependent on yaw rate damping.

(b) Damping of the Dutch Roll motion decreases
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with increasing altitude.

(c) Increased directional stability decreases

Dutch Roll damping.

(d) Increasing the yawing moment of inertia

decreases the Dutch Roll damping.

(e) Damping of the Dutch Roll mode of motion
is not a direct function of airspeed or

Mach number.

Feedback Techniques

LR
If an aircraft has_defiéiénéies in its basic
stability characteristics, for this aircraft to
adequa%gly perform in its intended role some sort
of stability augmentation would be required. In
fact, the present design trend is to incorporate
stability augmentation from the outset to gain

additional performance benefits.

TN VLY.

The aﬁgm;ﬁfation is usually implemented by
completing the appropriate feedback loops around
the aircraft. In practice the output variable is
sensed, the electrical signal from the sensor is
conditioned and compensated electronically and the
resultant signal is used to actuate the control

surface through a power control actuator.

In the present study of model dynamics the model
outputs, pitch, roll and yaw angles, are measured
by potentiometers. The rate signals are .derived
by differentiating the attitude signals
electronically using analogue computer elements
in the electronic control unit. The details of
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this procedure will be discussed in the next
chapter. Since the time constants of the servo
actuators used - in the model were around 0.025 sec
the servo actuator dynamics are ignored, because
its influence on the model dynamics (T = 1 sec)
wasexpected to be negligible.

Longitudinal Dynamics

(i) Equations of Motion

The dimensional longitudinal equations of the model

motion are (see Appendix C )

0 ) .
mw - Z w- mv_q = Z(t) ‘
W (4.37)

A ° . o
-Mﬁw - M w I q-M

[s]
= M(t)
W Ty q4

o S
where Z(t) and M(t) are input parameters.
Taking the Laplace transform of equation (4.37)

and assuming zero initial conditions, the equation
may be written as follows:-

(4.38)
-] -] 2 o _o,
-(SMW + Mw)w +§s Iy - qu)O = Mnn

where n ~ 'elevator input.

The stability polynomial A(s) is given by

[¢]
(sm - Zw) -smVe

A(s) =

o o 2 o
—(SM& + Mw) (s Iy - qu)

or
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A(s) = s (As? + Bs + C) (4.39)
where
A = mI
v

-] o o
B= (~-mVM. -mM_ - Z I)

ew q Wy

= (Z M - mvi)

c=1( W q e'w

(ii) Pitch Attitude Feedback to Elevator

Figure30a gives the block diagram of the system.

The open loop transfer function relating pitch
attitude 0 to elevator angle n is obtained by
applying Cramers rule to equation (4.38)

0 Ng(s) 7
Ry v e~ ¥ (4.40)

where Ng(s) is given by

NO(s)=(mi +2 M )s+ (M 2 -2 @) (4. 141)
f ST I T e B S e T 4w '

The closed loop transfer function is given by

NE (s) |
= 5 (4.42)
A(s)+KNh(s)

0

=3

Thus the characteristic equation of the closed

loop model configuration is given by

As) + KN%(S) =0 (4.143)

The root locus plot of this equation showing
variation of closed loop roots on s-plane with
variation in gain K is given in figure 30b, and

it is clear that as the gain K increases, the Short

Period mode frequency is increased and damping
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ratio is reduced. Neither of these two results

~are desirable.

(iii)'Pitch Rate Feedback to Elevator

Figure 3la shows the block diagram of the system
when pitch rate ‘feedback is employed to augment

the stability characteristics of the model.

The open loop transfer function is the same as

given by equation (4.40).

The closed loop transfer function is

C)
o Npls) (4.44)
n - 6
A(s)+KsNﬁ(S)
where the characteristic equation is
A(s) + Kslg(s) = 0 (4.45)

The root locus plot of equation (4.45) is given

in figure 31b.

The root locus plot shows that
a) As the feedback gain K increases, the Short

Feriod mode frequency remains almost constant.

b) As the feedback gain K increases, the Short

Period mode damping ratio increases rapidly.

<)) The pitch rate feedback to elevator is
equivalent to increasing the pitch rate

damping derivative Mq

d) The effect of pitch rate feedback is highly
desirable as it improves the Short Period
mode stability.
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Lateral Dynamics

(i) Equations of Motion

The dimensional lateral equations of the model motion

are (see Appendix C)

© o

o . O . .
—vafIXp—LPp-IZXr—er—L(t)

0 . © o o

N v-T, b=N p+I r-N r=N(t) (4.46)

where p = 6, r = & and v = —wVe

(] 0
also L(t) and N(t) are input parameters.

Taking the Laplace transform of equation (4.46)
and assuming zero initial conditions the equations
may be written as follows:-

° v/

o ° .2'_0 _ °
(VeLv-glzx-er)w+(s I-sL %=L, %+L

/

CC

/

° 2 ? 2 ° 2 e .
(VeNV+SIZ-sNP)w+(-s sz’SNp)¢'Ngg+N;C (4.47)

z . .
where £ ~ aileron input

% ~ rudder input

The stability polynomial A(s) is given by

) 2 © ? -]
(V. L ~-s sz-er) (s IX-st)

e v
A(s)= o . ) . (4.148)
(VeNV+s IZ-SNP) (-s IZX-SNP)
or

A(s)=s(As3+Bs2%Cs+D)

2 .
where A = (IZX —IXIZ)

vs]
1

° 0 o o]
[IXNrfIZLp+IZX(Np+Lr)
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- (4idi) Roll Attitude Teedback to Aileron

The block diagram of the system is shown in figure
32a. The open-loop transfer function relating
bank angle ¢ to aileron,angle'é is obtained by

applying Cramers rule to equation (4..47)

A N%(S)
.,g =m (’4—.‘4]9)

where the numerator N%(s) is given by

NP(s) = As’+Bs+C

g

where

A = (-IZXNg-IZLg)

‘ o o o © - ,
B = (NPLE-LPNE) : (4.50)
C = (DN - 1°)

ToNVTE v v

The dendminator A(s) is given by equation (u..4g)

The closed loop transfer function is

. N2 (s)

% = . (4.51)
A(s)+KN%(s)

Characteristic equation of the closed loop

configuration is given by
A(s)+KNE(s) = O (4.52)

Typical root locus plot of this equation éhowing
variations of closed loop roots on the s-plane with
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variation in gain K is given in figure 32b. The
effect of bank angle feedback on the Dutch Roll
mode is very small. The Roll mode time constant
increases with an increase in gain K and the Roll
subsidence mode tends to couple with the Spiral

mode at higher gains.

(iii) Roll Rate Feedback to Aileron

The block diagram in figure 33a represents the
model with roll rate feedback. The open loop
transfer function is given by equation (4.49).

The closed loop transfer function is given by

¢
Nz (s)
9 - & ' (4.53)
& As)+ksND(s)

3

and the characteristic equation is
A(s)+KsN@(s) = 0 (4.54)

Typical root locus plot (figure 33p of equation
(4.54) demonstrate the following points.

a) As the gain increases, the Roll mode

increases in stability.

b)  The Dutch Roll mode is not affected
appreciably.
c)  Roll rate feedback to aileron is equivalent’

to increasing the roll damping parameter
1 and is a very effective method for

mgdifying roll damping.

(iv) Yaw Angle Feedback to Rudder

Figure 34ggives the block diagram of the system



with‘yaw angle feedback. The open loop transfer
function relating yaw angle ¢ and rudder angle T
is obtained by applying Cramers rule to equation
(bh.u7).

" Ny(s)
,E = %(S—) (4.55)

where N%(s) is given as follows:-

o

NY(s)=(-T_ T -T.N)s2+(L N -8 ) (14.56)
,CS- ngxgs pCPcS o

and A(s) is given by equation (4.u48).

The closed loop transfer function is

1
i Nt(s)

(4.57) -

v
c _A(s>+1<w‘é’<s>

where the characteristic equation is modified to

A(s)+KN%(s) = 0 (4.58)

The root locus plot of equation (4.58)( figure 34b)
shows that

al The Roll mode remains unchanged due to yaw
angle feedback to the rudder.

b) The Dutch Roll mode frequency increases
rapidly as the gain increases whilst the

damping ratio decreases.

(v) Yaw Rate Feedback to Rudder

The block diagram in figure 35a represents the system
with yaw rate feedback to rudder.
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The open-loop transfer function is the same as

.

that of yaw angle feedback to rudder (equation Y4.55)

The closed loop transfer function is given by

Y
v N (4.59)
¢ A(s)+KsN%(s)
The modified characteristic equation is
A(s)+KsNY(s) = 0 (4.60)

Typical root locus plot of equation (4.60) is
shown in figure 35b., The following important

trends can be deduced from the figure:-

a) The Roll mode characteristics remain unchanged

with the increasing feedback gain K.

b) The Dutch Roll mode damping ratio increases

rapidly with increasing feedback gain K.

c) The Dutch Roll mode frequency remains
almost constant with increasing feedback

gain K.

d) Yaw rate feedback to rudder is equivalent
to an increase in the stability derivative
N_.

r

Scaling Limitations

In chapter 2, different similarity law constraints
for dynamic model testing were discussed in detail.
The design and development process of the facility,

in which these similarity tequirements were the
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major consideration, has resulted in the scaling

constraints as shown in table B3 of Appendix B.

As the present simulation facility is limited to
low Mach number simulations, the compressibility
effects can be neglected (M£0.4) and hence Mach
number equality can be argued to be unimportant in

this region.

The mass and inertia criteria for the model to
exhibit similar behaviour to that of the full scale
aircraft has also been satisfied in the simulation
by bringing the model weight and moment of inertia
to the required scaled values as discussed in

chapter 4.

At present, tests are conducted under natural
gravity conditions only. When Froude number
equality is satisfied, the model and full scale
speeds have a unique scale relationship as discussed
in chapter 2. Hence the model dynamic simulation
is conducted at scaled velocities (V_ =/ R

With the scale Hawk model, the scale being

1
12
dictated by the wind tunnel test section size ‘the maximum
usable tunnel speed 1is 100 ft/sec, the Reynold's

g
number range for the simulation is 2.2x10“tr3ix105.

The Strouhal number equality is not a design
constraint for the dynamic simulation but provides
a relationship (tine scale factor) between the
model and full scale aircraft frequency to ensure
that the model dynamic angle of attack is the

same as in the full scale. The relationship is
derived in Appendix A and the time scale factor

for the present simulation is given in table B3 of



Appendix B .

It can be seen that all the required similarity laws
are satisfied except for Reynold's number. As
discussed earlier in chapter 2, the use of a small
scale model makes it impossible to simulate the
Reynold's number in this particular situation.
Generally, dynamic tests would be conducted at a
Reynold's number of 0.ux10% or higher. The

discrepancy arising from the Reynold's number

constraint will be further discussed in chapter 7.

Stability Derivatives

For the comparison of the model simulation results
with the theoretical predictions, the stability
deérivative of the Hawk aircraft and the scaled
model were estimated. Reference 49 and 50 are
the most comprehensive sources of estimating
stability derivatives. Although these methods
have inherent deficiencies, they are extensively
used as they are, in most cases, the only sources
of information available. In the present work
references 49, 51 and 47, in order of priority,
were used for estimation techniques or other data.
Table Dikof Appendix D gives the summary of the
stability derivative: prediction accuracy and their
relative importance. A sample calculation of the
stability derivatives and the tabulated values of
estimated stability derivatives of the full scale
aircraft and the model at the corresponding

simulation condition are presented in Appendix D.

The estimated dimensionless stability derivative
for the model, full scale aircraft and those
obtained from the Hawk wind tunnel test data (reference

52) are plotted in figures 36 to 41 for comparison



purposes so that their resulting contribution to
discrepancies between the dynamic simulation tests
and theoretical predictions can be identified.

It is pointed out that the prediction technigue
assumes attached flow conditions. bDue to the
inherent limitation of the estimation method, the
stability derivatives of the model do not account
for the low Reynold's number effects. The
differences between the estimated full scale and
the model stability derivatives is due to fhe
scaled speed effects (Mach No.) and can be seen to
be small because of lower full scale Mach number.
The estimated full scale derivativesin most cases
compare well with those derived from the Hawk

wind tunnel data at M = 0.3. Only one dominant
derivative, LV has poor correlation and the
estimated value is about 50% higher than the Hawk
wind tunnel data suggests, although the prediction
accuracy is of the order of 20%. If the Hawk

wind tunnel data pertains to the aircraft with

~ ventral fins, then the discrepancy, to a large

extent, can be attributed to this fact as the

model used in the simulation does not incorporate
ventral fins. But, then it would be expected that
the ventral fin contribution to N, would show a

similar disparity, which is not the case.

Static Stability

(a) Longitudinal Static Stability

The static longitudinal stability of the model is
ensured by keeping the model c.g. ahead of the
stick fixed neutral point (aerodynamic centre of
the model). The location of the neutral point

of the model was estimated to be 0.365c as derived
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in Appendix D and agrees well with the Hawk wind
tunnel data. The centre of gravity position of the
model was adﬂusted to be coincident with the model
pivot point by mass and inertia balancing. Two
c.g. positions were used during the simulation

tests and were 0.29c and 0.325c respectively.

In order to test experimentally the static stability
of the model, model trim angles were calculated,

see Appendix D,for different tunnel velocities.

The comparison with experiment is discussed in

chapter 6.

Locating the c.g. at the model pivot point although
not essential was preferred for dynamic stability
considerations. The position of the pivot point
does not influence the usual static stability
characteristics or its dependence on model c.g.

and aerodynamic centre.

(b) Lateral Static Stability

The change of c.g. position has insignificant
effect on the lateral motion and hence in general
the lateral static stability characteristics of |
the model would be expected to be similar to the
full scale. The directional static stability is
ensured by a positive value of the stability
derivative NV, which 1s the case for the Hawk model

(Figure 39).

The lateral static stability also has a dominant
contribution from the stability derivative L,»

which must be negative for stability. Figure U0
shows that the model has adequate lateral static

.stability in this respect also, in fact as



mentioned earlier, it has been theoretically

determined to be greater than the full scale.



- CHAPTER 5

EXPERIMENTAL INVESTIGATION

5.1 Introduction

The primary aim of the design and construction of -
the facility is for Active Control Technology
demonstrations. To achieve this objective the

facility must demonstrate the following:

i) The model dynamic stability characteristics
(modes) = should represent the
corresponding full size (scale) aircraft

dynamic stability characteristics.

ii) The capability to augment the dynamic
stability of the aircraft model so that
Active Control Technology concepts can be

implemented.

The experimental investigations were carried out

to specifically evaluate the above two features.

The open-loop experiments were conducted to
determine the basic dynamic stability of the model
and to assess whether the semi-frée flight scaled
model dynamics in the wind tunnel are representative
of the full scale aircraft dynamics. The closed
loop experiments aim at evaluating the electronic
control unit as a means of artificially augmenting
the dynamic stability of the model through the use
of its analogue circuitry. Rate feedback was
'chosen for closed loop experiments for its

apparent effectiveness (chapter 4) in stability
augmentation and for evaluating the electronic control

unit elements and their use for generating rate signals

for feedback loops.



The experimental investigation is broadly

divided into three sections.

(a) Preliminary Experiments.

(b) | Dynamic Stability Test Technique.

() Model Dynamic Responsg Test Conditions.

Preliminary Experiments

In this section, calibration of the control surfaces
of the model and attitude measuring\potentiometers,
experimental procedure for flying the model in the
the tunnel at trim conditions and the data

recording techniques are discussed..

Calibration Tests

(1) Control Surfaces

The model control surfaces are actuated by
electrically driven control servo's mounted inside
the model fuselage. In order to establish the
control surface angle to the applied voltage
scaling and in order to interpret and monitor
control surface angles for different input voltage
signals derived from the electronic control unit,
calibration of the control surfaces was carried
out. The model was rigged in a straight and
level reference attitude on a true flat surface

to ensure that measured control angles against

the calibrated scale were true and that there was

no error due to model misalignment. The control

surface deflections were recorded for the

corresponding voltage signals to the control servo's

and are presented in figures 42, 43 and uu.



(ii) Attitude Sensors

As discussed earlier, the model attitude angles
(pitch, roll and yaw) are measured by three
potentiometers mounted on the model support system
(gimbal and vertical rod). The potentiometers
are supplied with X10 volts reference voltage
from the electronic control unit. The output
voltage signals from the potentiometers are fed
directly to correspohding signal scaling and
conditioning amplifiers. The scaled output
signals from these amplifiers are available for
data recording and feedback ?urposes at the

electronic control unit.

The calibration was conducted to relate attitude
angles in terms of the output voltage from the
signal conditioning amplifiers. It was perfbrmed
in the wind tunnel (wind off) with the model on its
support system. The roll and pitch potentiometers
were calibrated using the tunnel mounted clinometer
and the yaw potentiometer was calibrated using a
suitably graduated scale and pointer arrangement.
The resulting calibration curves are presented in
figures u45, 46 and u7.

Experimental Procedure for Flying the Model in

Wind Tunnel at Trim Conditions

Before commencing the dynamic response experiments,
the model must be flying at that flight condition

in trimmed equilibrium. This section describes

the procedure for flying the model at trim conditions.

The layout of the experimental set-up is illustrated
in plate 9.



An essential aspect of any rig should be simplicity
of operation, without requiring any special skill
on the part of the operator. To a certain extent
this has been achieved in this design. Once the
model, support system and mounting frame is
properly rigged up in the wind tunnel and the
electronic control unit suitably connected, the
operation of the equipment is fairly simple and

does not require more than one operator/controller.

For the proper and safe functioning of the facility
the following precautionary pre-test checks are

necessary before starting the tunnel.

1) The wind tunnel test section and nozzle
face should be clear of foreign objects
otherwise the model and the rig are liable
to damage when the tunnel is turned on. .

2)  The vertical rod should be rigidly braced
to the mounting frame and the bracing wires

tension should be correctly set.

3) Using a clinometer, the vertical rod should
be checked for true vertical. Only a
small offset is enough to prevent the model
flying freely.

4) The top safety spring retainer (see figure
18) should be properly and securely keyed
to the vertical rod. An inadvertent
operation of the model controls switch or
tunnel speed regulator can force the model
to climb very rapidly and impact the mounting
frame which can result in serious damage to
the model. '
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The electronic control unit connections

to the model should be checked for
correctness, i.e. input and output cable
plugs are connected to their respective
sockets. Also the umbilical cord which
carries signals to and from the model
should have sufficient slacﬁﬁgés to let the
model fly freely through the vertical rod
length.  The umbiliégiJégrd is made up from
a number of very fine wires (dia. 0.Uu9 mm )
and a small amount of tension is enough to

cause damage.

After the completion of the above mentioned checks,
the procedure to fly the model in the wind +tunnel

at a trim condition is as follows:-

1)

2)

3)

4)

The "Power On" switch of the electronic

control unit is switched on.

The model control surfaces are checked
for proper functioning. Using the
control stick each control surface is

checked for smooth operation.

To ensure that all the three model attitude
measuring potentiometers are alive and
functioning properly, the model is
disturbed in pitch, roll and ‘yaw attitude
and corresponding output voltage signals

are checked.

Using the trim pots on the input control
panel of the electronic control unit,
rudder and ailerons are trimmed to neutral
position. The elevator is set at an angle



slightly higher than that required for the
desired flight condition so that if the wind
tunnel speed is coarsly increased to its
desired value, the model does not fly up

in an out of trim condition.

5) The wind tunnel is switched "on". Using
"coarse control", the wind tunnel speed is
gradually increased to a value just lower
than that required by the flight condition
and then "fine control" is used to bring it

to desired value.

6) The model is trimmed more nose down than
demanded by the chosen flight condition as
the model at this stage is very sensitive
to trim change and wind tunnel speed
changes. Speed should be continuously
monitored and trim changes should be made
gradually and patiently, until the model
lifts from the bottom safety spring stop
and flies steadily in the wind tunnel
(plate 10). The response experiments can
be conducted on the model at this flight

condition.

In order to change the flight speed of the model,
the following procedure should be followed:

1) If the test speed is to be increased, first
set the elevator angle as discussed in step
4, earlier and then increase the speed to
the desired value as per step 5 and adjust the

elevator as given in step 6.

2) If the test speed is to be decreased, first



bring the speed down to desired value using
coarse and fine speed controls and then trim

the elevator as per step 6.

It should be noted that the model trim should not

be allowed to go excessively nose up at any time

in order to avoid an uncontrollable condition.

This is due to the fact that in

actual free flight  speed changes with the
change in trim condition and consequently climb

or descent is gradual, but in the case of the present
simulation where tunnel speed is constant, the
increase or decrease ef attitude(andlift) due to

trim changes, forces the model to climb up or

down uncontrollably.

Data Recording

The output signals from the sensors are (pitch,
roll and yaw) model attitude angles. These
signals are routed through the signal conditioning
amplifiers to the signal output interface panel

of the electronic control unit where they become
available for data recording and feedback purposes.
All the three attitude signals were connected to

a six-channel chart recorder to record time
history responses of the model(plate 9). | The
control input used to excite

the model is also fed to a channel of the chart

recorder.

Generation of Rate Signal

In the closed loop investigation attitude rate
signals were used to augment the basic dynamic

stability of the model. The analogue elements
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of the electronic control unit were used to generate
pseudo rate signals electronically as only
attitude signals are available from the sensors

currently installed in the model. The analogue

differentiating circuit was derived from the

equation®?

_ydy _ dx
(1 f)dx + y ol | _ (5.1)

The analogue differentiating circuit used for
deriving a pseudo rate signal and which represents

équation(SJ)is given in figure 48 below.

= y= dxgt

®

Figure 48 Pseudo Rate Signal Circuit

‘As f approaches unity, y approaches %%‘.

The magnitude of "f" depends on the frequency of x.
If "f" is too large, a high frequency input will
cause oscillation in the circuit but in the case
of low frequency input, as is the case in question,
values of "f" up to 0.96 were found to give

satisfactory results.

Dynamic Stability Test Techniques

Introduction

The purpose of the dynamic stability test was to

investigate the primary Short Period modes of



motion of the model, since the Phugoid and'Spiral
modes of motion are suppressed due to the
suppression of longitudinal and lateral translation
respectively. These investigations result in

the determination of the ffequency, damping and the
time constant of the modes. For a dynamically
scaled model these characteristics can be scaled

to represent those of the actual aircraft in

terms of the similarity parameters at the corresponding
flight condition of full scale aircraft and hence
can be used to evaluate some of the aspects of

handling qualities.

The aircraft with six degrees of freedom is a
rather complicated dynamic system and will move in
a manner that is a simultaneous combination of

the various modes of motion. One problem of
flight testing is to excite the various modes
independently. To a certain extent this problem
is inherently overcome in the present technique

due to restrictions on the model degrees of
freedom. The complete restriction on longitudinal
translation of the model suppresses the Phugoid
mode which can couple with the Short Period mode
dynamics in the free flight case. The denial of
the lateral translation to the model suppresses

the Spiral mode of the model motion which generally
couples with the Dutch Roll mode in free flight

dynamics.

Control Inputs

Several different control inputswere available to
excite the dynamic modes of motion of the model.
To obtain the free response of the model, the
appropriate control input is applied and the

resulting model motion is recorded for evaluation.



Three input forcing functions that are frequently
used in stability and control investigations are
the step, the pulse and the doublet®™ as shown

in figure 49 below.

a) Step Input b) Pulse Input

1

c) Doublet Input

Figure 49 Input Forcing Functions

In the present technique, the pulse input was
used to excite the natural modes of model motion
as the following difficulties were encountered

when the step input was used.

a) Elevator Input

In the free flight case when a step elevator
input is applied to excite the longitudinal modes
of motion, the new steady state equilibrium
condition is achieved at a higher or lower speed
depending upon the sign of the input applied.
Since in this technique the wind tunnel speed
remains constant, in response to an elevator step
input, the model either flies up or down

instantaneously and impacts the vertical motion



limit safety spring stops. This can result in
serious damage to the model if the input is

inadvertantiy large.

b) Aileron Input

Although a step aileron input is very useful in
evaluating Roll mode dynamics, it is found
unsuitable in this wind tunnel technique as even
a small magnitude step aileron input results in a
substantial roll rate thus requiring larger bank
angle freedom than I30° attained on this rig, or,

alternatively severely limiting observation time.

c) Rudder Input

A step or pulse rudder input can be used to excite the
Dutch Roll mode. In the case of a step input of
rudder, the steady state equilibrium condition of

the model is changed and a new equilibrium

condition is achieved at a side-slip angle. This
position of the model results in a decrease of

tunnel speed due to the increased blockage effect

and hence pulse rudder input is used.

Test Techniques

The test techniques discussed in this section apply
to both the open loop and closed loop response

experiments.

(i) Longitudinal Mode (Short Period)

To examine the Short Period pitching mode, the
model was trimmed at the desired flight condition
tunnel speed (Section 5.2.2). Using a pulse

generator, a disturbance was applied to the



elevator in a nose down sense. The magnitude of
the control input must be carefully limited.

It was found necessary to start with a small
magnitude which was gradually increased to the
desired level of excitation to avoid violent

response.

The recorded data is in the form of time histories.
of pitch, roll and yaw angles and control input.
The pitch angle trace was used to determine the
Short Period response frequency and damping ratio
(Appendix E).

ii) Lateral Modes

a) Roll Mode

The model was trimmed at the desired flight
condition. It was then re-trimmed at

20° bank angle and stabilised. This was
done to allow 50° of bank angle freedom

to the model in one direction. Using a
pulse generator, an aileron pulse input
was applied and its magnitude was kept
sufficiently small to allow not more than
50° of bank angle variation in the
transient. The data was recorded until
the transient had died out. The time to
half amplitude t% of the Roll mode was de-

termined from the bank angle trace.(Appendix E).

b) Dutch Roll Mode

The modelwas trimmed at the chosen flight
test condition. Using the pulse

signal generator a rudder pulse input

was applied to the model. Once, again, the



magnitude of the Input must be approached
with care as the model has 230° yaw angle
freedom only and an excessive input magnitude

can damage the model or its support.

The data recorded was in the form of time
‘histories of pitch, roll and yaw angles and
control input. The yaw angle response
time hostories were used to determine

Dutch Roll frequency and damping ratio®®.

Model Dynamic Response Test Conditions

The model dynamic response experiments were
carried out at various test conditions which are

described below.

Open-Loop Experiments

The information defining the test conditions includes
the test velocity, the center of gravity position,
the type of control input used to excite the model

and the recorded response data.

(i) Longitudinal Mode (Short Period)

Tunnel Velocity:- 70 - 100 ft/sec

c.g. position:- xc.g.=0.296 & 0.325¢c
Control Input Elevator pulse

Data - Time histor§ records

of pitch, roll, yaw
angle and control

input.
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(ii) Lateral Modes

a) Roll Mode

Tunnel Velocity
c.g. position
Control Input
Data

b)  Dutch Roll Mode

- Tunnel Velocity
c.g. position
Control Input
Data

70 - 100 ft/sec

x =0.29¢c & 0.325¢c
c.g.

Aileron pulse

Time history records

of pitch, roll, vyaw

angle and control

input.

70-100 ft/sec

X =0.29¢c & 0.325¢c
c.g.

Rudder pulse

Time history records

of pitch, roll, yaw
angle and control

input.

Closed-Loop Experiments

All closed loop tests were conducted at the tunnel
speeds of 70 ft/sec and 100 ft/sec.

control inputs and the recorded response data was

The relevant

the same as in open loop experiments.

(1) Longitudinal Mode (Short Period)

c.g. position
Feedback

X .o =0.29¢c & 0.325¢
Pitch rate feedback
to elevator (fig.31 )



(ii)

aj

b)

Lateral Modes

Roll Mode

c.g. position
Feedback

Dutch Roll Mode

98 -

c.g. position
Feedback

x =0.29c¢c
c.g.

Roil rate feedback to

aileron (fig.33 )

Xo.g. © 0.29¢c
Yaw rate feedback to
rudder (fig.35)
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CHAPTER 6

RESULTS AND DISCUSSION

Introduction

The results are discussed under the following

headings:

1. Static Stability Tests

2. Open-Loop Model Dynamic Simulation
3. Closed-Loop Model Dynamic Simulation

The model open-loop and closed—loop dynamic
simulation is centred on the analysis of the dynamic
modes of motion which can be readily simulated on
the test rig. It is recalled that due to the
suppression of longitudinal and lateral translation
of the model, the Phugoid and Spiral modes of motion
are suppressed. The closed-loop simulation was
also intended to evaluate the electronic control‘
unit as a means of artificially augmenting the
stability of the model although the present model

of the Hawk aircraft which is used for this evaluation
possesses adequate stability and does not warrant

stability augmentation.

Longitudinal Static Stability Tests

Before conducting the dynamic tests on the model, it
was essential that the model was trimmed to fly
steadily at that flight condition. Also important
is the fact that the model and the corresponding full
scale aircraft should have the same reference angles
if the model is required to simulate full scale

characteristics. This is achieved when the full
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scale aircraft and the scaled model Froude Number
equality is satisfied along with other similarity

. parameters. The model then attains the same
reference angle of attack as the full scale aircraft
with a unique relationship between the full scale
velocity V,, and thg model veloCity Vm (i.e.

v = Jiva) as discussed in chapter 2.

The theoretical and experimental values of model
incidence are plotted in figure 50 . The
correlation between the two is good at higher
velocities but deteriorates with decreaéing velocity,
the experimental values being lower than that
predicted by theory. This disparity at lower
velocities can be attributed to the decrease in
Reynold's Number to a value around 1 x 105.

Reference 56 reports these trends at lower Reynold's
Numbers (105to 5 x 105) to be due to the change in
flow characteristics on the lifting surface. The
flow, when the Reynold's number decreases to this
range, becomes pért laminar and part turbulent,

thus resulting in lower zero 1lift angle of attack
(maximum 3°) although the 1lift curve slope remains
essentiaily unchanged. However, the shift is
expected to be very small (about 1°) in the Reynold's
Sto 3.1 x 105) of the present
simulation. From reference 56 it is also noted
that the attainable C

number range (2.2 x 10

I, is reduced at high angles
max

of incidence as. lower Reynold's number effects

reduce the attainable CL . Since, in the dynamic
max

simulation, the required incidence angle is
relatively small, the above effect can be assumed to
be absent. This conclusion is further supported by
good correlation of Hawk aircraft incildence at Mach
number of 0.3 (Rex U4 x 106) with the theoretical
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value at the corresponding scaled model velocity as

shown in figure 50

The model tail angle to trim is presented in figure
51 . The experimental values of trim angle show
agreement with the theoretical trend but are scattered
because of problems in control resolution due to
backlash in the model flying controls. The Hawk
aircraft data also shows good agreement with that
predicted by the theory at the samecg. position

(M = 0.3,c.8.= 0.2u45C). It can be seen from the
Plot that the control angles required to trim are
very small as an all moving horizontal tail is
employed for longitudinal control. This resulted
in the model being very sensitive to control setting

requiring very fine control for trimming the model.

Open-Loop Model Dynamics

Longitudinal Dynamics Short Period Mode

(a) Frequency

The frequency of the Short Period mode for c.g.
positions at 0.29c and 0.325c is plotted in figures
52 and 53 respectively. It is evident from the
figures that theoretically, the suppression of
forward translation in the wind tunnel simulation
has no significant effect on the frequency of the
Short Period mode. The theoretical values of the
short period frequency of the full scale aircraft

at different Mach numbers are about the same as those
of a free-flight scaled model and semi-free model

as used in the present simulation technique at the
corresponding scaled velocities. As mentioned
earlier in Chapter 4, this is due to the fact that
all the important stability derivatives which effect
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the short period frequency retain their contribution

in the modified short period motion. The effect of
compressibility, depicted by the difference in
correlation between full scale and scaled model
frequency, is not significant due to low values of
simulation Mach numbers. The experimental values

of model short period frequency exhibit the theoretical
trend of increasing with the speed but are lower

(maximum of about 10%) in magnitude.

The comparison of figures 52 and 53 shows that the
simulation also demonstrates the decrease in the
value of short period freqﬁency with aft shift of
c.g. and again the trend is the same as predicted
theoretically.

(b) Damping Ratio

The damping ratio of the Short Period mode for the
two c.g. positions investigated is presented in
figures 54 and 655. Again as 1in the case of the
Short Period mode frequency, the theoretical values
of damping ratio for full scale, free-flight

scaled model and the semi-free model show close
agreement due to the fact that the suppressed Short
Period mode equations retain all the important
stability derivatives which influence the mode.

The damping ratio, as expected, does not change with
speed in this regime of lower Mach numbers. The
damping ratio obtained from the wind tunnel
simulation does not compare well with the theoretical
values although the trend is the same. The disagreement
on the average is about 20%. The increase in short-
period damping ratio due to rearward shift in the
position of center of gravity is also exhibited as

seen in figures 54 and 55 .
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(c) Correlation Analysis

Although some disagreement between the theoretical

and experimental results was expected due to scale
effects and estimation accuracy of longitudinal
stability derivatives, but 20% disagreement in damping
ratio was too large to be attributed to these factors.
- However, a critical review of the short-period
simulation prdcedure and short-period damping and
frequency-equation (4-15) broughtout a limitation in
the simulation technique which seems to be the major

contributor to the above mentioned disagreement.

In the case of free-flight simulation and semi-free
flight simulation with vertical and pitching freedom,
the short period damping and natural frequency terms
contain a contribution z., due to vertical freedom.
The effect of this derivative on coefficientC, of the
longitudinal characteristics equation (4-14) is |
additive to the m  term, thus having the effect of
increasing the static stability. The effective
increase amounts to a few percent chord of manoeuvre
margin for aircraft with low longitudinal relative
density u, and negligible for high performance
aircraft with high Uy . However, in such cases

when the c.g. is aft, the contribution of the-zw
term can be significant even for medium-high My
aircraft since at this flight condition, m the

most dominant derivative for short period frequency
is also very small. Also, the effect of the
stability derivative 2., on the short period damping
ratio is additive to the contribution of the stability
derivative mq, the pitch damping coefficient and

M. . This contribution due to Zw can be quite
significant (up to 50%) and is often described as

a 'vertical damping' term.
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In the present simulation technique, the Short
Period mode was excited by a short pulse elevator
input. The vertical response of the model is

not totally free as the length of the vertical rod
(36") (dictated by wind tunnel test section size

(42" dia) is limited and the model can impact the
safety springs. This denies the model full vertical
freedom and hence the contribution of the z , term

is partial only. In the case of the Hawk model,

the contribution of the z,, term to short period
damping is about 35% (see Appendix D ) and due to its
partial effect the discrepancy of about 20% in
damping ratio could reasonably be expected.

In order to further identify the disagreement due to
incorrect or reduced z,> the model was restrained in
vertical freedom and its response was evaluated.
Since in this case, only pitch freedom was allowed,
the contribution due to the stability derivative

z, in the short period‘frequency and damping ratio
is absent (see Appendix C ). The theoretical and
experimental values of frequency and damping ratio
are also presented in figures 52 to 55. . It can
be seen that agreement between the theoretical and
experimental values of frequency and damping ratio
is good at model c.g. = 0.29¢ For the test
condition of model c.g. = 0.325c, the frequency
appears to correlate more closely than at 0.29¢c
but the damping ratio correlation is comparatively
not so good and the experimental values are about
15% less. This is not surprising, but it could be
argued that since the Short Period mode is so
sensitive to c.g. position, a fractional forward
shift in model c.g. can result in the above
differences. However, it is clear from these
results that when the model is restricted in vertical

freedom, the correlation between the theoretical
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and experimental values of frequency and damping
ratio improves considerably. This confirms the
fact that when the model is allowed vertical freedom
in the simulation, the limitation of vertical rod
length results in reduced short period damping ratio
and, to a lesser extent (square-root relationship),
reduced short period frequency due to partial

contribution of the stability derivative Z,.

The direct comparison of model simulation results
with Hawk aircraft data was not possible because
the relevant aircraft data at M = 0.3 was only
available for the c.g. position at 0.2u45c. As the

experimental and theoretical correlation is already

~discussed, an alternative way to correlate model

data with Hawk aircraft data is to extend the
theoretical prediction to c.g. = 0.2u45c and‘match

it with the aircraft data. The result is given in
figures 56 and 57 . It can be seen that the
theoretical prediction of short period damping ratio
and frequency relate well with that deduced from
Hawk aircraft data. Hence it can be argued that
the correlation discrepancy between theoretical
prediction and the experimental results and their
analysis discussed earlier are pertinent to this

case as well.

Lateral Dynamics

(a) Roll Mode

The Roll mode time to half amplitude (t,) is
presented in figure 58 . The theoretiéal values
of t, for the full scale aircraft and that of the
freeiflight model at corresponding scaled velocity
match extremely well as compressibility effects are
negligible at these low Mach numbers. The |
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theoretically predicted values of t, for semi-free
model of present simulation techniqées, where lateral
translation is suppressed, also show good agreement
with those of free-flight model and full scale
aircraft and show a slightly higher trend (maximum
8%). This is due to the fact that the Roll mode
response can be safely approximated by a single degree
of freedom about the longitudinal axis and hence
suppression of lateral translation has very little
effect on its characteristics. The stability
derivative which contributes dominantly (up to 90%)
to the Roll mode time constant is lp and is

retained unchanged in the semi-free flight

simulation equations.

The experimental values of t, are also plotted in
figure 58 . The si’mula'tionz'tl values show the

same trend as that of the theo;etical predictions
but are scattered in a band of higher values

(10 - 30%). This discrepancy in results is thought
to be due to ‘the following;

(i) As discussed earlier, generally the Roll mode
response in free-flight is best obtained by
applying a step.aileron input. The step
aileron input, when applied to a scaled model,
generates higher roll rates than full scale
(Table B3 ) thus demanding greater bank angle
freedom than provided by the gimbal .
arrangement (£30°) in the simulation. Hence,
pulse aileron input was used and t, was
obtained from the bank angle respo;se. A
typical response is sketched in the following

figure 59.
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Ta Time

Figure 59 Model Roll Response to

(ii)

Pulse Aileron Input

Only the initial response (roll rate build up)
is used to evaluate t; as it represents the
initial response to azstep input and therefore
it can be argued that the slope of this portidn
should be the same as that of a step input.
The decaying half of the response indicates a
less steep slope due to 'carryover'
inertia effect. It can therefore be assumed
that the above method of Roll mode response
evaluation is an approximation of an actual
case and can be a cause of discrepancy in

correlation.

During simulation, before applying the input
pulse, the model's wings could not be kept
very steady at the level position due to wind

tunnel flow perturbations as reported in reference

42, The bank angle fluctuations at times
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were as high as ¥g0, This obviously made the
roll response analysis more difficult and is
also suspected to be the main contributor to

scatter of the experimental t, data.
2

(iii) The theoretical predictions are greatly
influenced by the stability derivative 1_,
which has a prediction accuracy of X109
(reference 49),. The lower values of
theoretically predicted t, can be due to
higher theoretical valueszof lp

As expected, the effect of c.g. shift on Roll
mode response was found to be insignificant
as t; values for both c.g. positions lie in

2

the same band of experimental data.

The time to half amplitude (t ) deduced from Hawk aircraft
data at M = 0.3 is also plotted in figure 58 .
The value is about 12% higher than that of the semi-
free simulation results, which is within a reasonable
limit considering the scale factor involved. The
correlation is very poor (about 50% high) with the
theoretlcal predictions of t1 value.  This result is
more surprising because the values of the stability
derivative lp deduced from Hawk data and theoretical
estimates using reference 49 , correlate very well

and are within 10% (figure 40 ). Considering the
dominance of the stability derivative lp in its
contribution to t%, 50% disagreement was

unexpected.

(b) Dutch Roll Mode

(i) Frequency

The Dutch Roll mode frequency for different flight
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conditions is plotted in figure 60 . The
theéretically predicted values of Dutch Roll mode
frequencybfor full scale aircraft and free-flight
scaled models match very closely due to negligible
compressibility effect at these low Mach number
flight conditions. The Dutch Roll mode frequency of
the semi-free scaled model of the wind tunnel
simulation also displays good correlation with full
scale and free-flight model, showing the trend of

5 - 10% lower magnitude. The trend of increase of
the frequency with increase in speed is also the

same. It can therefore be argued that the suppression
of lateral translation has very little effect on the
Dutch Roll mode frequency for the flight conditions
under consideration. The suppression of lateral
translation results in omission of terms containing
the stability derivative y, and 1ift coefficient CL in
the stability quartic of the lateral motion (equation
4-24 and 4-30). The stability derivative which
contributes dominantly to the Dutch Roll frequency

is the directional stability derivative n, s and the
contribution of the y, term, due to its small magnitude,
is very small as compared to n,. Hence the
theoretical correlation between the free and semi-
free model is good. The values of frequency
obtained from the wind tunnel simulation also match to
within 8% of the theoretical values. The Hawk
aircraft data at M = 0.3 also compares well with

the simulation and theoretical values and therefore
it can be said that the present technique of
simulation brings good overall correlation of Dutch
Roll mode frequency over the range of flight

conditions considered.

(ii) Dagping Ratio

The Dutch Roll mode damping ratio for various simulated
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velocities is given in figure 61 . The predicted
values of Dutch Roll damping for full scale and free-
flight scaled models are more or less the same due to
low flight speeds (M < 0.4) under consideration. The
unusual trend of increase in damping ratio with
increasing flight speed is due to low speeds of
simulation. The higher values of 1lift coefficient
Cps
the coefficient Ds(specially when value of 1 is

at these speeds have a considerable effect on

large) and Egof.lateral stability quartic(equation Uu.24)
which in turn influences the Dutch Roll damping.

At these low speeds, 1lift coefficient C. is very

sensitive to speed changes, and a decregse in speed
increases C; considerably thus having overall effect
of decreasing the Dutch Roll damping. However,

at higher speeds, where the contribution due to CL

is smaller, the damping of Dutch Roll mode would be
exﬁected to remain less sensitive to speed changes.
The theoretical values of damping ratio for semi-
free model of the wind tunnel simulation also shows
the same trend but as the contribution of the CL

term is omitted due to suppression of lateral
translation, the trend is less severe. This gradual
trend is also influenced by the contribution of the
yaw damping derivative 1, (equation 4-30) which
decreases considerably with increasing speed in

the speed range under consideration (figure 40 ).
The difference between the semi-free and the free-
flight model damping ratios at higher speeds can

be attributed to the absence of the contribution due
to the stability derivative Yy in the semi-free
flight simulation because of the suppression of
lateral translation. The stability derivative Yy

is analogous to the longitudinal stability derivative
Z.> €Xcept that the reference surface area is smaller
and is also non-1lifting in lateral motion, thus having

an overall smaller effect.
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The values of the Dutch Roll mode damping obtained
from the wind tunnel simulation show the same sort
of trend and order of magnitude as predicted by
theory. The simulation gave higher values of
Dutch Roll damping ratio and the correlation

difference varies to a maximum of 20%.

The agreement between the Hawk data and the corresponding
theoretical and simulation Dutch Roll damping is

very poor, the Hawk data showing a 65% greater damping
ratio. The disagreement can be attributed mainly

to the discrepancy in the stability derivative lv'

It is recalled that the value of stability derivative
lv predicted using reference yg is about 50 % higher
than that given in the Hawk data (figure 40 )
whereas estimated prediction accuracy of this
derivative is given as *209. The above mentioned
difference can be explained if the Hawk data is for
the final version of aircraft which employs ventral
fins, as the effect of the ventral fin is to reduce
the stability derivative lv. The effect of this
derivative on the Dutch roll damping is quite

significant as shown by root locus sketch below.

Increasing dihedral ﬁ I
m

effect (L)
Dutch x
roll mode
' X0 —
- ve Roll mode Re Ve
X\

Figure 62 Influence of Adding Positive
Dihedral Effect
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If the dihedral effect is decreased, using ventral
fins, then the damping ratio of the Dutch Roll mode
will increase with very small influence in its
frequency. Thus, if the estimated value of lV is
decreased to that obtained from the Hawk data, the
estimated value of damping ratio will increase to
0.14% and the correlation will improve to within 20%
thus showing better agreement with the simulation
results. Note that the decrease of dihedral effect
also has a small influence on the Roll mode time

to half amplitude (t%).

Closed-Loop Model Dynamics

Longitudinal Dynamics-Short Period Mode

The closed-loop Short Period mode root locus plot
for theoretical and experimental results at model
velocities of 70 ft/sec and 100 ft/sec are given in
figures 63a and 6l4a respectively. It is recalled
that pitch rate feedback to elevator was used in
these experiments. The experimental values exhibit
the same trend as theoretically expected, i.e. 7
increase of damping with the increase of pitch rate
feedback gain. However, the experimental plot
shows some compression along the real axis. This
is due to the fact that the real part of the short
period root corresponds to -;mn and as discussed in
the open-loop case, the experimental values of
damping CSP and frequency w, —are lower than the
theoretical or actual values because of the limited
vertical freedom of the model. = To demonstrate the
closed-loop behaviour more clearly the short period
damping ratio and frequency are plotted against the
pitch rate feedback gain K in figures 65 and 66
respectively. From figure 65 it can be seen that

the experimental and theoretical values of damping
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ratio vary linearly with the pitch rate feedback

gain and a small increase in the feedback gain
imprcves the short period damping considerably.
Similarly, small values of negative gain degrade

the short period damping to a great eXtent. It

can also be observed that for a given open loop

(K = 0) difference in the damping ratio between the
theoretical and experimental results, the correlation
difference does not change much when feedback is
applied. The higher slope at a model velocity of
100 ft/sec as compared to that at 70 ft/sec indicates
that for a given increment in damping ratio, higher
feedback gains are required at lower speeds. This
is due to the increase in control effectiveness

with increase in speed and is theoretically indicated
by the variation of high-frequency gain factor with
speed («v?).

It can also be observed from figure 66 +that the
natural frequency of the Short Period mode changes
with the pitch rate feedback gain factor K. This

can be attributed to the low stability margins of the
model at the flight conditions under consideration.

At higher stability margins, the open-loop natural
frequency has greater value and correspondingly its
sensitivity to the effect of feedback gain change
decreases. This trend is shown in figure 66 ,

where the slope of the frequency plot is less in

the case of model at c.g. = 0.29¢ than at 0.325c.

It can therefore be argued that at higher stability
margins,vthe slope will flatten and hence the Short
Period mode natural frequency will not change
appreciably with pitch rate feedback as generally
reported.t8,57 The correlation between experimental
and theoretical values of short period frequency for
various feedback gains is better than the short period

damping ratio and the difference remains about the
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same as that at K = 0 (open loop).

The closed loop response of the model with pitch
freedom (vertical translation suppressed) only is
also presented in figures 63b ,6uUb and 67 . As
in the open-loop model dynamics, the correlation
between experimental and theoretical results is
improved considerably. In this case frequency
does not change with feedback gain as seen in figure
67 because the vertical freedom of the model is
suppressed which essentially eliminates the effect
of pitch damping on the frequency (Zw is zero in
equation 4-15). Figure 67 also shows that the
damping ratio sensitivity with closed loop pitch
rate gain increases with the decrease in static
margin. This trend is not visible in the

simulation with vertical freedom as, in that case,

" the frequency does not remain constant with gain K.

Since the theoretical values of open-loop short period
frequency and damping ratio for full-scale and semi-
free model éimulations show good agreement, it can be
assumed that the same agreement will be exhibited in
the closed-loop simulation. Therefore, figures

65 and 66 are also scaled to the full scale
aircraft parameters. The relationship between the

pitch rate feedback gain K for the model and full

~scale is found to be a function of geometric scale

JAK

factor of the model i.e. K .
model

full scale

Lateral Dynamics

(a) Roll Mode

The theoretical and experimentai time to half amplitude
(t,) of the Roll mode for different gains K of roll
2 .
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rate feedback to aileron are presented in figures

68 and 69 for model speeds of 70 ft/sec and

100 ft/sec respectively. The experimental results
show less stability than predicted by the theory but
" the trend is essentially the same. It is clear from
these figures that the Roll mode time constant
decreases rapidly, showing a rapid increase in roll
stability, with initial modest roll rate feedback
gain K. At higher gains, the rate at which the
stability is increased is lower. Similarly it can
be seen that the stability of the Roll mode is
appreciably degraded with very small values of
negative gain. A comparison of figures 68 and

69 shows that the sensitivity of the Roll mode
stability decreases with decreasing model velocity
and therefore at lower velocities higher feedback
gains are required for the same increase in roll
stability. The difference between experimental and
theoretical results are about the same for all
feedback gains and are of the same order of magnitude

as with the open-loop (K = 0) case.

Since, in the open-loop case, the theoretical
.predictions of time to half amplitude (t,) for semi-
free wind tunnel simulation and full scaie show good
agreement, it could be argued that the same theoretical
trend will be expected in the closed loop case.
However, it is recalled that the theoretical
predictions of full scale do not match well with the
Hawk data, the reason for this having been discussed

earlier in the chapter.

(b) Dutch Roll Mode

The Dutch Roll mode root locus plots for yaw rate
feedback to rudder at model velocities of 70 ft/sec
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'

and 100 ft/sec are presented in figure 70 . The
simulation root locus matches very well with the
theoretical trend for positive gains. . The Dutch
Roll mode natural frequency remains nearly constant
while the damping ratio improves considerably with
the increase of positive gain. But for the negative
gains, although the Dutch Roll mode damping decreases,
the frequency also decreases which is unlike the
theoretical trend of constant frequency. It is,
however, realised that the corresponding damping ratios
at these negative gains are very low and would

warrant positive gains for stability augmentation.

The Dutch Roll mode frequency and damping ratio plots
for various feedback gains are also given in figure

71 and show the fore-mentioned trends more clearly.
It can also be seen that the feedback loop has a more
favourable effect at higher speeds (higher damping
plot slope) due to the increase of control sensitivity

with speed.

Although the plots are also scaled to show full-

scale characteristics, only frequency can be interpreted
confidently since its correlation with theory and

the Hawk data is good in the open-loop analysis.

In the case of the Dutch Roll mode damping only the

trend and approximate interpretation of values can

be guaranteed due to large discrepancies in correlation

of open loop results.



CHAPTER 7

COMMENTS, RECOMMENDATIONS AND CONCLUSIONS

7.

1

1.

Comments and Recommendations

Design and Construction

(i) Model Suspension System

(a) Gimbal System

The gimbal assembly performance was found to be
satisfactory in providing the model with £30°

of pitch and roll freedom and the included
potentiometers provided adequate attitude signals.
The pitch and roll motion has very low friction’
levels due to the high quality bearings used and
the high quality potentiometers gave excellent

resolution in attitude measurement.

The sliding sleeve bearing for vertical motion

was satisfactory in operation with one minor
exception due to the use of a nylon key to
constrain the sleeve bearing to rotate with the
vertical rod. The linear ball bearings installed
in the sleeve provide very free verfical movement
of the gimbal but the nylon key had the tendency
to deform with use thus introducing friction into

the vertical motion.

In the initial design a sub-miniature bearing was
considered instead of_the nylon key, but due to
the small size of the sleeve, the smallest sub-
miniature bearing available could not be

accommodated in the sleeve. However, the design
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of the sleeve allows for easy replacement of the
key and this short-coming can be considered to

be of a minor nature.

The outer gimbal frame also provides the means
for shifting the model c.g. through an adjustable
attachment to the model and during the simulation
it was discovered that with the present outer
gimbal frame length, the range of c.g. shift is
rather too limited. An extension in the outer
gimbal frame length and rearrangement of the
attachment points would provide a larger range of

c.g. shift.

(b) Vertical Rod

The vertical freedom of the model is very

sensitive to vertical alignment accuracy since

the vertical rod is held in position by wire
bracing and a slight loosening of the tensioning
screws can alter the vertical alignment of the rod.
It was observed that even a small offset angle
introduces appreciable frictional effects. Thus
the vertical alignment requires careful setting

up before and continuous monitoring of the position
during the simulation tests. A more rigid
attachment of the vertical rod to the frame could

be a possible solution to this problem.

The vertical rod geometry was a cémpromise resulting
from a number of design constraints (chapter 4);
bending deformation under aerodynamic loads and the
requirement for a small diameter to suit the gimbal
sysfem being the most critical. This led to a
compromise on the bending deformation (notably at

higher tunnel speeds) in order to keep the diameter
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of the rod down to a reasonable size for the
gimbal sleeve. This is one of the reasons why
the present simulation tests are limited to a
maximum practical tunnel velocity of 100 ft/sec.
The other factors being the jet flow oscillation
or turbulence in the tunnel near its maximum
speed and the violent response of the model to
very small control changes due to greater control

sensitivity at higher speeds.

The yaw freedom of the model, provided by the
rotation of the vertical rod in the énd plate
bearings, is not as free of friction as the pitch
and roll freedom. This is specially so at higher
speeds and when tension in the bracing wire is

too great.

Bearing in mind the above points, if the vertical
rod is properly set up and its bearings properly
lubricated, the frictional effects can be minimised.
Overall the performance of the suspension syétem
has been found to be satisfactory and the mobility
of the mounting frame has proved to be a useful

feature of the support system.
(ii) Model

The model design and constfuction technique used
provided a reasonably satisfactory aircraft model.
The model as constructed has adequate strength and
rigidity and is light enough to allow for mass

and inertia scaling by the addition of mass. The
model central box structure and the gimbal system
which is attached to it, have withstood unreasonably
violent impacts against the end plates during the

course of development with little real damage.
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Through experience, operating techniques have
been evolved which avoid over-large inputs being
applied to the model and precautionary measures
have been taken by installing safety springs at
both ends of the rod to absorb the impact. The
wing and the tailplane attachments are secure
and rigid and the control surface movement is
relatively free of static friction and backlash.
The canopy panel provides adequate access to the

servo actuators and electrical circuitry.

However, the adjustment of the model inertia by
the selective addition of mass was unsatisfactory
primarily due to the limited access to the model.
It is suggested that in future more consideration
should be given to this aspect and provision in
the initial stages of fuselage construction should
be made for better access so that a systematic
procedure for mass balancing could be adopted such

as described in reference 38.

The servo actuators used for the control surfaces
have not been entirely free of problems. Their
response and performance on the test bench was
satisfactory but when connected to the electronic
control unit through the umbilical cord connection
for calibration tests, they showed oscillatory
tendencies. Initially, to overcome this problem,
servo amplifier feedback gain was decreased, which
stopped the osci%%%gions but made the servo
response very sluggish and hence too slow.
Eventually, the problem was traced to the voltage
fluctuations in the power supplies to the servo
amplifiers due to the voltage drop in the long
connection line particularly when the motors were

drawing current. The problem was solved by
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stabilizing the power supply in the model prior
to supplying the servo actuators. The response
of the servos was also enhanced by making '
improvements in the feedback circuitry of the

servo amplifiers.

It is, however, pointed out that the servo
amplifier circuit is included within the miniature
servo housing and its miniature size prevented

any sensible circuit modifications. It is
therefore suggested that in future applications the
servo amplifier circuit should be removed from

the servo housing, redesigned and redrawn on a
larger P.C. board for easy access and modifications.
The circuit could be mounted in the fuselage
without any problem, and a much better amplifier

design would probably result.

The presence of backlash in the model control
linkagés made precise trimming of the model very
difficult. The major contribution to the backlash
is in the servo actuator gear train although

PTFE tubing control linkages and their end
connectors are also inadequate for high resolution
precision control. It is therefore suggested that
the backlash problem should be looked into and
should be rectified even at the expense of better
quality servo actuators. The improved trimming
capability thus obtained would make the task of
flying the model in the tunnel much easier. It
could also be confidently expected that with
‘better servo actuator performance, by virtue of
reduced backlash, small more realistic inputs

could be used.in the model mode excitation

techniques.
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(iii) Electronic Control Unit

A great deal of careful thought was applied to the
design of the electronic control unit panels

which are self explanatory in their functions and
display adequate information for the ease of the
user. The provision of external patch connections,
like an analogue computer, has provided great
flexibility in the way in which the control unit
functions may be used. The overall performance
of all the panel functions is satisfactory and

it was encouraging to see it perform as intended
at the very first time it was switched "on" for

testing.

During subsequent system evaluation experiments
the following shortcomings in the panel components

were observed:

(a) In some instances single turn potentiometers
were found to be inadequate for accurate
adjustment when low feedback gains were
required. It is suggested that a few
high stability multi-turn potentiometers
should be installed to replace some of the
single turn potentiemeters on the potentiometer

panel.

(b) A digital voltmeter should be installed to
replace the present analogue meter which
cannot be used to monitor low voltage

signals to the required accuracy.

(c) The pulse/doublet generation circuit, which
was built later and used for mode excitation
was an addition to control functions already

provided. It is suggested that its circuit
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card should be properly housed in the card
rack in the electronic control unit and
the switch installed on the control panel

appropriately.

The performance of the signal conditioning
amplifiers, summers and integrators was found to
be extremely satisfactory. The testing of wvarious
operational amplifiers in purpose-built circuits
helped in the correct selection of suitable cost
effective operational amplifiers for the above
mentioned circuits.  The use of low tolerance
(1%) and high stability resistors for input and
feedback resistance has resulted in circuits with
accurate and stable open loop gains. In all
cases the offset adjustment circuit has been used

to null offset voltage most effectively.

The modular nature of the design has contributed
to the simplicity and flexibility in design and
has made fault diagnosis very easy during the

development stage.

Operational Aspects

(i) As the Hawk model uses an all moving
horizontal tail for longitudinal control
the trim anglesrequired for straight level
flight are very small. Due to the presence
of backlash in the model controls, as
discussed earlier, the precise trimming of
the model in the wind tunnel was difficult.
The systematic procedure explained in chapter
5 has to be strictly adhered to to avoid
too violent a response in the event of

inadvertant over trimming. Monitoring
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model attitude (incidence) angles whilst
flying the model at velocity as a guide to
trimming has proved to be helpful.

As suggested earlier if the backlash
problem of the control is minimised,

model trimming will improve considerably.

When flying in the wind tunnel the model
experiences fluctuations in bank angle due
to disturbances in the wind tunnel jet.

It is suggested that the wind tunnel flow

.characteristics could usefully be improved

for more consistent trimming in roll; this
would also improve the simulation results

of roll response.

The operation of the electronic control unit
was found to be quite satisfactory, the
flexibility provided by the external patch
cord connection proving to be a valuable
feature. The recommendations for
improvement to the controi panel components
made earlier would further improve the

operational performance.

7.1.3 Performance of the System

(1)

(a)

Open Loop Experiments

Short Period Mode

The suppression of forward translation, due
to the technique selected, has Suppressed the
Phugoid mode of the model but the effect on
Short Period mode, which is of primary
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interest, is negligible. The theoretical
values of the Short Period mode frequency
and damping ratio show good correlation
between the semi~free wind tunnel model,

a true free flight model and the full scale

cases.

The model simulation results show satisfactory
short period frequency correlation to
within 10% with the theoretically predicted
full scale results and Hawk data. However,
the short period damping is not so good and
only agrees to within 20% with the
theoretical prediction and Hawk data and is
influenced by the limitation of the
vertical freedom of the model as discussed
:in-chapter 6. When the model was
completely restrained in the vertical
freedom, the simulation and theoretical
results showed better correlation in both
short period frequency and damping. This
result reaffirms the belief that an
alternative mode excitation technique
requiring limited vertical freedom is
expected to give better simulation results.
This could possibly be achieved by reducing
the control backlash as suggested earlier.
This, in turn, would allow for smaller
pulse inputs to be used to excite the Short
Period mode thus requiring less vertical

freedom in any event.

It can therefore be argued that with an
improved mode excitation technique it
would be possible to predict full scale

Short Period mode characteristics from the
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wind tunnel simulation to within the
accuracy (10%) expected from this limited

facility.
(b) Roll Mode

Theoretical results show that suppression

of lateral translation has a very small

effect on the Hawk model roll mode
characteristics. The Roll mode simulation
results‘shQW'Satisfactory trends but '
satisfactory degrading to poor correlation (10-
30%) with the full scale theoretical
predictions. The correlation with the

Hawk data is better. The above discrepancy
can be attributed to the approximate mode
analysis technique (i.e. pulse input) used

due to limitation in bank angle freedom and the
tunnel flow characteristics as discussed in
chaptef 6. A better mode excitation
technique would help to improve the fidelity
of the simulation. Improved tunnel flow
characteristics, and improvement of the
control backlash might allow smaller

amplitude inpulse inputs to aileron to

excite the Roll mode within the constraint.

(e) Dutch Roll Mode

The theoretical results show that the

suppression of lateral translation has a

limited effect on the Dutch Roll mode

frequency but the damping is appreciably

changed due to the low velocity flight regime of the

simulation.
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The Dutch Roll mode simulation results show
good frequency correlation with the
predicted full scale values and the Hawk
" data. The damping ratio correlation and
trends are reasonable considering the low
magnitudes of damping involved. The
correlation of theoretical and simulation
results with the Hawk data is very poor
and the Hawk data shows a better Dutch Roll
mode damping ratio.  As discussed in chapter
6, the presence of ventral fins on the Hawk
“aircraft could explain the difference in

the correlation.

(ii) Closed-Loop Experiments

The closed loop experiments in which the effect

of rate feedback was studied, showed the expected
trends and allowing for the discrepancies in the
open loop results gave good correlation with
theoretical predictions. - Since the rate signals
were obtained by electronically differentiating
attitude signals using the analogue elements of
the electronic control unit, it could be said that
the electronic control unit has provided
satisfactory results and can  be used effectively
for feedback loop circuits to augment the stability
and control characteristics of the model. If

the open loop simulation results of the model
could be improved to bear better correlation with
the full scale, the closed loop simulation could
be used to predict full scale performance with

a reasonable degree of confidence.
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(£ii) General Performance

The scale effects due to low operating Reynold's
number cannot be directly assessed from the V
results due to the presence of other more dominant
effects. In cases where the results are
satisfactory, correlation between the full scale
and model simulation is as close as 10%. This
trend shows that the scale effects are within 10%
and are not seriously affecting the model
performance at the low levels of model incidence

used in the simulation.

 In order to get much closer insight into the

scale effects, it is recommended that static

wind tunnel tests on the model should be conducted
to find its 1lift and drag characteristics.

This would involve some modification to the model

suspension system.

The present evaluation of the facility was
restricted to dynamic stability mode analysis
only which provides a partial indication of the
complete response. The use of a complimentary
computer simulation would provide a means for
comparing the complete response thus giving a
better insight into the aircraft dynamics and

hence facility performance.

Once the capability of the facility is further
improved as per suggestions and the reported
shortcomings are overcome, the facility could

be used for Active Controls Technology research

for example. Optimisation of airframe geometry
using augmented controls, the use of unconventional

control techniques and the studytof unconventional
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aircraft configuration in which airframe is

unstable are some of the possible applications.

Conclusions

1. The performance of the designed suspension
system is quite satisfactory and successfully
provides the model with the intended four

degrees of freedom.

2. The constructional technique adopted for the
model, utilising a hollow balsg wood fuselage
structure with solid light hard wood wing
and control surfaces provides a strong,
lightweight and reasonably accurate wind
tunnel model. However, with improved
internal access to the model, mass and
inertia adjustment could be made very much
easier and along with minor modifications to
the gimbal mounting arrangement for provision
of a larger c.g. shift would provide greater

flexibility in choice of test flight condition.

3. In any future model it would be necessary
to incorporate better quality servo actuators.
This would alleviate some of the problems
arising from the limited-control system'resolution and
would make it easier té set the extremely

precise trimming required.

4. The electronic control unit meets all the
initial design requirements adequately.
It provides effective control of the model,
its input and output interfaces with the
model and the analogue computingvelements
provide excellent flexibility in its
functional capabilities.
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The model is extremely sensitive to trim

changes arising, in part, from the suppression of
longitudinal translation and the constant wind
tunnel speed. A slight over-trim results

in an uncontrollable oscillatory vertical

motion due to the change in 1ift and the

presence of vertical motion end stops.

- The suppression of longitudinal translation

implicit in the adoption of the rigid rod
suspension technique suppresses the Phugoid
mode although the Short Period model remains

almost unchanged, as would be expected.

The suppression of lateral translation has
eliminated the Spiral mode but the Roll

mode is not changed significantly. However,
the Dutch Roll mode frequency does not seem
to be changed in any substantial way but the
damping ratio is considerably changed
especially at the lower wind tunnel

velocities.

The simulation shows that it is’possible to
predict the Short Period mode characteristics
of the full scale aircraft from the scaled
model responses with reasonable accuracy and

confidence.

The Roll mode characteristic in particular
could be predicted to a reasonable level
of confidence if the wind tunnel flow

qualities were improved.

The Dutch Roll mode can be predicted only

approximately. In this exercise the Dutch
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Roll mode frequency predictions were
satisfactory but the damping ratio prediction
was poor. The situation could be imrpoved
if the model was given the addition of

lateral translation.

The stability of the model can be augmented .
effectively by‘artificial means using
selected feedback loops and hence the full
scale closed loop characteristics could be
predicted but only to a level corresponding
to the validity of the open loop

characteristics.

Overall, the initial evaluation of the
facility shows promising results, the
initial objectives are achieved and with the
suggested improvements it has a viable

potential for ACT research.
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APPENDIX A

DERIVATION OF SIMILARITY REQUIREMENTS

The following assumptiohs are made in deriving the

similitude requirements for the dynamic wind tunnel model.

(i) Compressibility effects can be neglected. This
implies that the model speed is limited to a
value corresponding to the full scale aircraft
speed at which compressibility effects begin to
appear. Therefore, the requirement to maintain

full scale Mach number can be ignored.

(ii) Although it is difficult to satisfy Reynold's
number equality between the model and full scale
aircraft as discussed in chapter 2, the
difference between the relevant model and full
scale Reynold's numbers is such that the Reynold's
number dependence is not a serious limitation.

To avoid Reynold'sbnumber dependence, this number
is generally kept higher than the critical value

(50.4x106) where the airflow ‘becomes turbulent.

In the following relationships, quantities with subscript
) and (a) correspond to the model and full scale aircraft

respectively.
1. Linear Scale Factor

This factor is chosen as per tunnel, practical

and economic constraints. Necessity to limit

the model size below a specified limit may arise
due to practical or economic considerations, but
in case of small tunnels the maximum span of the
model which can be tested in the wind tunnel and
the requirements of model freedom determine this

factor.
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1
Linear scale ratio, A = IE (A.1)

v

Velocity Ratio

This ratio may sometimes be fixed by the necessity
to keep écceleration scale factor at unity

i.e. testing the model in natural gravity conditions
(refer to Froude number discussion in chapter 2).
For a low speed wind tunnel it may be determined

by the maximum usable tunnel speed to satisfy

Reynold's number requirement.

v

Velocity ratio = (A.2)

)
N E

Density Ratio

This ratio accounts for differences between
altitude of the aircraft and the model. If o,
is the density of air at the flight altitude of
the aircraft and o is the density of air in the
wind tunnel, then

p

Density ratio = (A.3)

°|
0 |g

Angular Velocity

For dynamic similarity between the model and the
aircraft, the Strouhal number must be equal,

i.e. the helix angles of the corresponding points
of any rotary motion must be equal, expressed
thus,
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2 (A.4)
AV e

Time Scale Factor

Time scale factor T is determined from (A.4).

“m_ 1 Imo_ 1

wa A Va T

r:AYE | (A.5)
Vm _ )

Mass

Equilibrium is to be maintained between
aerodynamic, centripetal and gravitational

forces. For dynamic similarity the vector

diagrams of these forces are similar triangles.

Equating centripetal and aerodynamic forces.

2 2. 2
Mm%t _ m%pmvm 1n
7 )
méwala Caipava la

Assuming Cm = C (aerodynamic force coefficients)

A : (A.6)

Linear Acceleration

Similarly equating inertia and aerodynamic

forces
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1
M nQm szpme -
Mada C_ Ip V_“1

.V ‘
-\72) (A.7)

Angular Accelerations

The relationship between the linear and angular

acceleration is

= «]
where O is linear acceleration and
« 1s angular acceleration.

. _m _ @Qp 1a

: T, 1

a a’a m

R

or

* 1
m _ .

= - (A.8)
a T

Moment of Inertia

The inertia relationship can be determined from

the consideration of moments
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(A.9)
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Table A.1 Summary of Similarity Laws
A. Optional Parameters Scale
. In/1
1. Model Scale a
2. Speed v /Va
3. Density pm/pa
B. Scaling Constraint
m o
4, Mass LU A3
m P
a a
v . o
5. Inertia Im/I . m AS
ap
a 2
. Em/ -1 XE)
6. Gravity MES=% Va
C. Analysis Relationship
t Va
. m - - _a
7. Time T ST g A
a m
*n
8. Linear Displacement = = A
a
o, _
9. Angular Displacement m/ea_ 1
X . A
10. Linear Velocity *a T T
11. Angular Velocity m/6_ = %
12. Linear Acceleration m/xa = =
A T
13. Angular Acceleration emféa = 1/12
2
n Y
14. Load Factor m/na'k(vm)
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APPENDIX B

DESIGN INFORMATION DATA
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Table B.1 TFeatures of the Vertical Rod

1. Material

la.Modulus of Elasticity

1b, Density.

2. Length

2a,Maximum usable length

3. Diameter
4. Weight
5. Inertia

6. Maximum Lateral Deflection

centre of rod, at
80 ft/sec

Silver Steel

2.9x106

0.281b/inch

40 inches

36 inches
3 .

/8 inch
0.94 1bs.

1 x 10 2%1b-inch

0.008 inches

2




Table B.?2
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Summary of Aircraft and Model Dimensions
Wing:- Aircraft Model
Area (gross) 179.63 £t? 179.00 inch?
Span 30.8 ft 30.8"
L.E.Sweep 26° 26°
Root Chord 8.7 ft 8.7"
Tip Chord 2.96 ft 2.96"
Mean Aerodynamic Chord 5.83 ft 5.83"
Aspect Ratio 5.284 5.28
Airfoil Section - -
Dihedral 2.0° 2.0°
Tailplane:-
Area (gross) 45.0 f£t2 45.0inch?
Span 13.91 ft 13.90"
L.E.Sweep 35.3° 35.3O
Root Chord 4,86 ft L.8e"
" Tip Chord 1.61" 1.60"
Taper Ratio 0.33 0.33
Mean Aerodynamic Chord 3.24 ft 3.24"
Aspect Ratio 4.30 4.30
Airfoil Section 64 series same
8.5% thick
LT 4.1 ft iy, 1"
VT, Tail Volume Ratio 0.6058 0.605
Fin:-
Area (gross) 27 ft2 27 inch2
L.E.Sweep 459 L 5°
Airfoil Section B4 series 64009
Thickness to Chord Ratio 9% -
Aspect Ratio 2.5 2.5
Taper Ratio 0.35 Q.35
LF 11.39 ft 11.4"
Vg, Fin Volume Ratio 0.055 0.055




- 149 -

Table B.2 Cont.

Fuselage:-
======§# Aircraft Model
Overall Length 35.9 ft 35.9"
S5n
deffective oS Tt e
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. 1
Table B.3 Important Similarity Parameters of 12 Scale

Model and Hawk Aircraft

1
Parameter Aircraft 12 Scale Model Support
1. Mass (1bs) 9000 ' 5.21 0.41
2. TFlight Altitude (ft) Sea Level Sea Level -
3. Speed (ft/sec) v, Va 1 -
‘ 3.547
4. Gravity (ft/sec?) 32.17 32.17 -
5. Time Scale 1 | 0.287 -
Frequency W 3.47wa -
7. Moment of Inertia
I (slug.ft?) 3500 0.016 |3.1x10"
Iy nooon 14700 0.059 1.2x10°
I oo 17140 ©0.069  |[5x107°
I U 330 0.0024 -
XZ

5

5
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Table B.U4 Model Weight And Moments of Inertia

Flight condition:- Sea Level, Mach No. = 0.31
Aircraft Weight = 9000 1bs.

Parameter Scaled Value Required Measured
1. Weight (1bs) : 5.21 5.25

2. Moment of Inertia

Ix(slug—ftz) 0.016 0.015
Iy(slug—ftQ) 0.059 0.057

I_(slug-£t?) 0.071 0.073
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" APPENDIX C

- EQUATIONS OF MOTION

The Dimensional Longitudinal Equations

(1)

(ii)

Dimensional’equations'— general (free flight)

The general equations of longitudinal symmetric

motion for small disturbance are®*7> 8,

.;200._ o )
mu- uu-wa-wa+(mwe-Xq)q+mg16—X(t)

(<} [+] ’0 © °,
-Zuu+(m—ZW)w—wa—(mVe+Zq)q+mg26-Z(t) (C.1)
] e , o PR -} ©
—Muu—Mww-Mww+Iyq—qu—M(t)

where g = 9

These equations involve only symmetric

disturbances.

Dimensional Equations - Semi-Free Flight

In the case of semi-free flight wind tunnel
simulation in which longitudinal translation
is suppressed and the tunnel speed remains

constantSuzO)Bquation C.1 is reduced to

o , ., © o °
(m—ZWw)w-ZWw—(mVe+Zq)q+mg26-Z(t)
(C.2)

[} [-)
-M.w-M w+I_ g-M q=M(t)
TRy

W W

In the above equation, generally the stability
o [}

derivatives Zw‘and Zq are small, and can be

neglected, also in the case of steady flight g2=0,



hence equation C.2 is further simplified to
the form

. ° . ° -
mw-ZWw—mVeq=Z(t)
(C.3)

(] -} (-] (]

:Mww—Mww+Iyq-qu=M(t)
]
where Z(t) and ﬁ(t) are input parameters.

(iii) Dimensional Equation-Pitch Freedom Only

When only pitching freedom is permitted in
longitudinal motion, then the equation C.3 is

reduced to,
M. w-M I’ﬁ» M(t)
“M.w-M wt = =M(t
y3 g4
also in this special case,'%i =« = @,
: e

Hence the above equation can be simplified to

the form

oo ot o . © (]
Iy9+(—Mq—VeMﬁ)6+(-Mw)6=M(t) (c.u)

C.2 The Dimensional Lateral Equations

(i) Dimensional Equation-General

The general equations of lateral asymmetric
47 48

motion for small disturbance are

R (-} . o o o
mv-YVv-(mWe+YP)p+(mVe—Yr)r-mg1¢-mg2w—Y(t)

1) v+I_p
ThVTEP TR

o

L) ° ° s
p—IZXr—er—L(t) (C.5)

© bo ,'o )
-va—IZX-—NPP+IZr—Nrr-N(t)
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where p

-G. -

These equations involve only asymmetric
disturbances.

(ii) Dimensional Equations - Semi-Free Flight

In the case of semi-free flight wind tunnel
simulation, in which lateral translation is

suppressed, equation (C.5) is reduced to

//7: (C.6)
1 \ . o . o o
\(va—IZXp N P+I r NPP—N(t)

e’

p

where pzé, r=¢ and v=gb\7e

C.3 The Dimensionless Longitudinal Equations

(i)  Dimensionless Equation - General

The dimensionless longitudinal equation of
motion can be obtained from equation (C.1),
through several steps given in references
47, 48. The resulting equation is

AN

N A A A _ s
(D+Xu)u+(wa+Xw)w+qu+gie" xpn

A ~ - ~ _ ~on - 4
Z,u+ [(1+Z‘;,.)D+4w]w"(zq 1lq+gyb=-zm (c.7)

~ A ~N A

muu+(m&D+mw)w+(D+mq)q— m.n

where
qg=D6 |

g1=gcosGe=CL
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g2=g81nee=CLtan€%

giF—Eg——— = CLSeceg

(ii) Dimensionless Equation - Pitch Freedom Only

When only pitching freedom is permitted in
longitudinal motion, then equation (C.7) is

reduced to the form

~ ~

A A—_ »
(mWD+mw)w+(D+mq)q- mm

‘A

Now, in this case w = 0

Therefore the above equation can be written as

A 2 ~ e ,
D 6+(mq+mW)D6+mw6--mnn - (C.8)

The Dimensionless Lateral Equations

The dimensionless lateral equations of motion can be

obtained from the equation (C.5)*7**®,  The equation

thus obtained is

(D+yv)v+ypp+(1+yr)r %¢ g2¢- ygg ycg
~ N /\ el A __ P _ ,

1Vv+(D+lp)p+(eXD+1r)r = lgg lcc

~ A

nvv+(eZD+np)p+(D+nP)r = ngg-ngc
where
p=D¢

r=Dy

e_=-
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: g1=gcos@e=C

L

g2=g81n96=CLtan@e
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Table C.1 Longitudinal Stability Derivatives

Divisor for Dynamic
Dimensional{ Obtaining Aeronormalized|Multiplying| Normalized
Derivative | Aeronormalized|Derivative Factor(m) Concise

Derivative(d) Derivative

o
X zp VS - X -1 X
u e e : u u
o 1
X, 1o V_S X, -1 X,
[ , o= 1
XV/.\I §pe C X _ﬁ X
° = 1
X ip V _Sc X - X
q e'e q Hy q
(-]
1 & -
Z. 3p V.S Z, 1 z,
° 1
% -1
Z, 20, V,S 2 . Zu
[-]
= 1
1 -— .
X3 2peSc Zw i Z
7 1p V_S¢C Z 1
Z 5 -—— z
q 2Pele”C q Hq q
o ; = U, e
Mu gpeVeSc M, -"1/1i m,
° 1 = u .
Mw 5peVeSc Mw -"1/1 m,
o .
M. 1p SE2 M. - 1 me
w e y
o =2 1
1 -
Mq 2peVeSC Mq /i mq
% : 2 X 1
Xn gpeVe S n - Xn
7 10 v 2 Z 1
Zn 2PV S n - Zn
o 2 = u
1 -
Mn 2peVe Sc Mﬂ 1/1y my
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Table C.2 Lateral Stability Derivatives
Divisor for Dynamic
Dimensional|{Obtaining Aeronormalized|Multiplying|Normalized
Derivative |Aeronormalized|Derivative Factor(m) Concise
Derivative(d) Derivative
o
1 A -
Yv 2peveS Yv 1 Yy
o 1 1
Y 1p_V_Sb Y - Y5
¢ 10V _Sb Y .y
r 2PV e r u2 Y
(-] : .
Ly 2P VS Ly gLVIESN 1y
° 5 2 1.
L, 1oV Sb L, /i, 1,
° ) 2 1. '
Lr 2peVeSb Lr /1X lr
-] 1 .
NV EpeVeSb Nv _u2/1Z n,
° 2 1,.
1 -
N, 1p VS Ny /i n,
° 2 - 1,.
1 -
N, 2P V. SDb Np /i n,
Y 10 V25 y 1
Yg Epe e ‘g - y€
o . 2 1 A
YC §peVe S YC - y;
o 1 2 Uy
L 3oV, “Sb L 2/1, 1,
, Uns e
° 1 2 2/1
LC 2peVe Sb LE X 1C
° 2 Hor/i
1 -
N, 3oV, “Sb N, z N,
Uo /s
° N 2 _r2/i
NE 2peV Sb NE z Ng
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APPENDIX D

ESTIMATION OF DYNAMIC STABILITY CHARACTERISTICS

Introduction

The dynamic stability characteristics of the full

scale Hawk aircraft and =y scale model are presented

12
in this Appendix. The estimation methods are
taken from references 48, 50 and 51, unless
otherwise stated. The Appendix contains a sample

calculation of the characteristics for full scale
Hawk airecraft at sea level, M = 0.31 flight condition.
The remaining estimated values for full scale and

the model are presented in tabulated form.

Wherever a particular ESDU data sheet is referred to
for the estimation method, the symbols used are
those of the ESDU data sheets.

The detailed particulars of the Hawk aireraft and %TV
scale model used for estimation are given in

Appendix B.

Aerodynamic Data

(i) Lift Curve Slope (ESDU Data Sheet 70011)

(é) Wing

A= 5.284, A = 0.34, A, = 16.77° and
2

AtanA, = 1.59

2

At M =0.31, B = 0.95, BA = 5.02.

From figure 1,
dCL

de

= 0.795

bo = FSXN
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(b) Tin

Following the same procedure as in (a)

A= 2.5, A =0.35, A, = 31.58° and

2

AtanA, = 1.5

2

2.85

@]
"

(e) Horizontal Tail

) [+]
A= 4.30, A = 0.33, A, = 25.4 and

2

Atanh, = 2.04
2

C = 3.7h4

(ii) Downwash Estimate (ESDU 80020)

The downwash angle is estimated from the

following equation
de - p($L) - [;T{ | 2 (%%)i (1)
0 CT

where

€ = Average downwash angle across the tailplane

and
dey _ 2 %1 ,
(@) =5 = (8 - amp)E
(2)
where HP = HP -(1 - HP)

e

At M = 0.3, using figures 1, 2, 3, 4, 5 and 8
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AEY _ 2 4.2 .
(& L = £ 5 (1,07 - 0.1)(0.987)
(%) = o0.us
0
at 4P 0.4 _ 0,
d= A~ T.2x0.987 ° 0

5.287

- la
—é—(gf-/jé-FI: 0.54 (figure 9) and

(1ift curve slope) and Incidence

(iii) Aircraft-CL

o

Angle

The total 1lift of the aircraft is the sum
of the tail 1ift and that of the wing-body

contribution.

L = L, + L. (3)

2
1
_ Cpr2zPV " Sy
CL =0t T2
WB oV SW
or
ST
CL = CL + T CL , which can be reduced to
WB W T



(1iv)
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CL“T Sp o de

CL« = CLOE 1 + -C—:L—— -S—w (1—"&;) (Ll-)
WB WB B

where CL = 1.05 CL (reference D1 )
“wB “w

At M = 0.31, for full scale aircraft

_ . 3.78 45 .

Cp = 1.05(h.2) Tp—iaioe o (1-0.52)

C. = 4.89

LCC

Now

Incidence angle is given by

G Wiov?s
« = = = 2 (5)
LO: ch:
. 0.35 _ 0
LI o« - 4.89 - “‘.18

Aircraft Drag

The total drag coefficient of the aircraft

is given by

_ 1 2
CD = CDO + /HAe CL (6)
or

a 1 2
Cp = 0.02 + s 7gmxo.8 CL
where CD = 0.02 (reference 52 )

0
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. — ! 2
s, CD = 0.0201+ 0.075 CL
At M = 0.31, C_ = 0.35
. CD = 0.029
(v) Summary of Aerodynamic Data

The summary of estimated aerodynamic data for
full scale aircraft and model is given in
Table D.1.

D.3 Stick Fixed Static Longitudinal Stability

(i) Stick Fixed Neutral Point

From reference 47,

o |
h = + —1(1-E (7)

at M = 0.31, substituting the above values

h - h_ = 0.22y4
o

from reference 52 , hO & 0.1Y4,
Therefore hn = 0.364.

(ii) Static Margin

The c.g. positions under investigation are
0.29c -and 0.325c (model c.g. positions)
.. for h = .29c
Static margin Kn = hn - h = 0.07y4
for h = 0.325¢
Kn = 0.04



D.h

Longitudinal Stabhility Derivatives

(a)

(i) xuzz[—cD+

" Dimensionless Derivatives

The flight condition under consideration is,

M = 0.31 at sea level, CL = 0.35.

X-Force Component Derivatives

1 ar_v 9% MBCD]
SevV AV"Z 3V 2 3N

(8)

for low speed and neglecting thrust

effects,
Xu = —ZCD = -0.058

dCD

(ll) XW = CL - a;- (9)
x ¢ - 5 9%
W L dcC de«
L

X . = 0.095
w

Z-Force Component Derivatives

C C C
: M'BL‘BLWBLW]

(iii) Zu-2[fCL-7 S WBLW Su (10)
In our case of low Mach numbers
Zu = -2-CL = -0.70

» dCL

(iv) ZW = -(CD+HE—) (11)
Z._ = =4,.89
w

(v) Zq = 1.2 Zq(tall) = 1.2(-a1VT) (12



(b)
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Z = =2.49
q

(vi) 7. = 7 (tai1) 8¢ (13)
w qQ 777 d= -
7 = 1.18
W

Pitching Moment Derivatives

(vii) M, = 0 at low speeds

ac
(viii) Mw = —HE_KD (1)
therefore
M, = 0.365 for c.g. = 0.29¢
M, = 0.184 for c.g. = 0.325c
Ly
(ix) Mq = 1.2Mq(ta11)=1.2 Yol Zq(tall) (15)
M_ = 6.30
q
(x) M. = M (tai1)3E (16)
W q- de
M. = 2.73
W

The estimated dimensionless longitudinal
stability derivatives of full scale aircraft
and the model for various flight conditions

are given in table D.2.

Concise Derivatives

For horizontal flight,

T= R = 1131 i =YL = 1.54
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— m - -
My = — = - 224 g4 CL
zpSc
" _Zw
(1) xu--Xu=0.058~ (vi) z&=—ﬁz =0.005
. e Mw
(1ii) xwz—Xw=—0.095 (vii) mw=—u1§;=53.1
at 0.29¢
M
(iii) z _=-2 =0.70 (viii) m_=-=3=14.09
© “u u g 1
v y
-M
(iv) 2z ==7 =4.89  (ix) me=—"=1.77
- %w w 1
-7 : ,
(v) Zqz_ﬂ%=0'011 (x) mw=28.2
at 0.325c

The estimated concise stability derivatives
of full scale aircraft and the model for

various flight conditions are given in table

D.3.
D.5 Lateral Stability Derivatives
(a) Dimensionless Derivatives

The flight condition under consideration is

M = 0.31, sea level, CL = 0.35.

(1) Rolling Moment Derivative Due To Sideslip L,

1. Contribution due to Wing Dihedral (ESDU 06 01 03)

o) 1

- 00O - - ' - -
= 2%, Ay = 20.5%, & = 0.34, ajg= 5.5 rad

from the data sheet
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tanh

- 1

Ag=tan 1 ——+ = 22.51°
(1-M%)2 '
also
a, M 1

K = %2 (1-M%)2 = ¢.83

21
A(1-M7)2
—= = 6.05

from figure 1(B) and 1(C)

(L) (1-M2)3%
v'p )

KT = - 0.0117
x.(LV)F = -0.02
wing
Similarly (L ) = +0.01
viT, .
tail

Contribution due to Wing Sweepback (ESDU 80033)

L, = -0.11 C

v L

. LV = -0.039

Contribution due to Fin (ESDU 82010)

hg=5.813, 2 =1.5, hyo=4.25, m_=11.395

F

b

- - T_ - -
CPF_6f88’ th—2.408, 7T—6.956, Sp=27, S,.=179.6

F W

Dpp

+h.) = 0.422

A =2.5, ?\ F -

=0.35, (h

F r BF

' S

= F

YVF-—JBJTJW(_CLcc ) 5 (16)
F W
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From figures 1, 2a and 3a

JB=1.33, JT=1.08 and Jw=0.93

oo YVF: -0.201 CLG» = -0.57
r

From figure 4, for body mounted tailplane,

Z —
F/hF = 0.4

S zCrF + 0.852F = 3.476

mF+0.7thanA%F = 12.713

Now

(LV)F=+(YV)P[(ZCr +O.852F)cosm—(mF+O.7z tanA%F)81na]/b

F F

(17)

==0.57 3.476cosx-12,713sin« /30.8

Now for « = 4,13°

(LV)F = -0.048

Therefore Lv=(_LV)r +(L. ) +L +(Lv)

wing V' PTail  Vw.s F

f.LV=—0.022—0.039+0.01-0.048

Hence

Lv=—0.099 for complete aircraft.

(ii) Rolling Moment Derivative due to Rate of Roll Lp

Contribution due to Wing (ESDU Aircraft 060101)

A=5.284, K,=21.5, A=0.34, M=0.31, (a,,),=5.5vad "
H



- 169 -

K =0.83, £8 = §.05, A

0
S = 22.5

E

from figure 1(B) ard 1(c)
p

-B}< = 0.195

" Therefore LP = 0,177

Similarly Contribution due to Tailplane can be
estimated

L = 0.01
Praiz

Contribution from the fin and fuselage are

negligible. Hence for complete aircraft,

L_= 0.187.
p

(iii) Rolling Moment Derivative due to Rate of Yaw L,

Contribution due to Wing (ESDU 72021)

1
s

A = 5,284, X = 0.34, A, = 21.5°

(Lro?p ; (LfO>P |
. u

Using figure 1a and 1b
L = 0.133 C. = 0.047
Ty L

Dihedral Contribution

From figure 3

(Lr ) = 0.0008T = 0.0016

°r



- 170 -

C Lr = 0.049
o

Contribution due to Fin (ESDU 82017)

(Lr)Pz-(LV)F{mF+O'7ZFtanA&F)QOSm+(Zch+O'BBZF)Slnm]/b

(19)
. (LP)F = 0.020v
Hence for complete aircraft,
Lr=0.049+0.02 = 0.069.
(iv) Yawing Moment Derivative due to Sideslip N,
Wing-body Contribution (ESDU 79006)
h, 12,
lb=35.9, Sb=161.5, /h2=1.2, ‘ /Sb=7.98
from figure 1,
_ 161.5x35:9 _
N, =0-132 555530, = 0-138.
mid
Now
.2 h F S,
-y _=Jo.0718+0. 6740+ D Fw(u.gs‘EL0.12§—9+0.006\F\
\Y S. S h S
b *b
(20 )
. <~ Z_ b_
from figure 2, for 5-0.35, 5—6.8H
F=0.079

from figure 3, for A=5.28L, A=0.3%4 FW=1.09

Hence -YV = 0.262

N =N L(xc.g.- Xmid) YV
Vmid b
__ 2.03,_
= 0’138+§ﬁT§( .262)

Hence, Nv = =-0.155



- Contribution due to Fin (ESDU 82010)

(NV)Fz—(Yv)F[FmF+0.7thanA&F)cos«+(zch+0.85zP)sln¢]

(21)

. (NV)F = 0.239

Hence for the complete aircraft
N,=0.239-0.155=0.084

(v) Yawing Moment due to Rate of Roll, Np

Contribution due to Wing

From reference D2, for A = 26°
ACn
—E—E— = -0.09, or C = 0.032
L n
P
-C
_p
Np = = = -0.016

Contribution due to Tail

-o(2
Cn 'Z(b) CnB _
Piaiz “tail
. C = - 0,031
n
Piaiz
N =-0.016
Prajiz

Hence, NP = -0.032

(vi) Yawing Moment due to Rate of Yaw Nr

Contribution due to Wing (ESDU 71017)
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A= 5.284, A = 0.34, A, = 21.5°,
' [
from figure 1a and 1b

N = -0.0014
r
O

from figure 2b and 2c

N = -0.0012
r
u

Hence, Nr = -0.003
wing

Contribution due to Fin (ESDU 82017)

+0.852F)sin¢]/b
(22)

(N )F=—(NV)Fi‘mF+0.7thanA%F)cosm+(zcr

T F

L. Nr = -0.100
T
Hence for the complete aircraft
N = -0.103
T

(vii) Side Force Derivative due to Sideslip Y,

Contribution due to Fuselage (ESDU 79006)

Y = -0.262
V.

Contribution due to Fin (ESDU 82010)

Y = -0.570, (see L)
VFin v

Therefore for the complete aircraft,

YV = -0.262 - 0.570 = -0.832

The estimated dimensionless lateral stability

derivatives of the full scale aircraft and
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f% scale model at various flight conditions

are presented in table D.Hh.

(b) Concise Lateral Dynamic Stability Derivatives
I
Yo = = 42,4 i = % .2 = 0.066
y) ;B;§B ’ z mb )
IX sz’
1, = —% = 0.015 lxz = /mb2= 0.0023
mb

(1) 1 =-Moly/. =283 (iv) n =-H2Ny/. =-su4.0
v 1 v 1

(ii) 1.=- P/5i =12.5 (v) n_=-Np/. =0.u9
D P , |

Lr NP/
(iii) 1r=_I; = -4.,6 (vi) n_ == 1Z=1.56

(vii) y =-Y =0.832

The estimated concise lateral stability
derivative of the full scale aircraft and

1

17 scale model are given in table D.h.
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Table D.1

Summary of Estimated Aerodynamic Data

Full Scale Aircraft
Mach. No.

1
Scaled Model 17

Velocity ft/sec

0.34 0.31 0.28 0.25 0.22 110 100 g0 80 70

OFR 4.23 4.20 4.16 b.12 4.09 4.02 4.02 4.02 4.02 4.02
W

OFR : b.hy b.y1 4.37 4.33 4.29 4.22 4,22 4.22 4.22 4.22
WB

orﬂ 3.78 3.74 3.72 | 3.70 3.68 3.66 3.66 3.66 3.66 3.66
T

Ohn 4.89 4,86 4.82 4.78 4.74 4.69 4.69 4.69 4.69 4.69

Qm\an 0.53 0.52 0.52 0.51 0.51 0.u49 0.49 0.49 0.49 0.u8
« 3.4 4.13 5.11 6.59 8.70 3.54 b4.28 5.25 6.72 8.80
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Table D.2

Estimated Dimensionless Longitudinal Stability Derivatives

Full Scale Aircraft Scaled Model 1
Mach No 12
) : Velocity ft/sec
0.34 0.31 0.28 0.25 0.22 110 100 90 80 70
xc -0.053| -0.058| -0.068|-0.085} -0.1218 | -0.053| -0.058|-0.068 | -0.085 | -0.118
XS 0.077 0.095 0.119| 0.156 0.208 0.077 0.085] 0.119 0.156 0.208
NC -0.58 -0.70 -0.86 |-1.10 -1.44 ~-0.58 -0.70 [~0.86 -1.10 -1.44
NS -4.,92 ~-4,.89 -4.85 |-4.,82 -4.80 -4.72 | =4.72 l:.qw -4,.72 ~-4.72
N@ -2.52 -2.49 -2.48 |-2.47 -2.u45 -2.44 -2.044 1-2.,44 -2.4Y4 -2.44
N$ -1.21 -1.18 -1.17 |-1.15% -1.14 -1.09 -1.09 ([-1.09 -1.09 -1.09
32 0.367 0.365 0.362] 0.359 0.356 0.352 omem 0.352 0.352 0.352
at 0.29c
Z@ -6.38 -6.30 -6.28 |[-6.25 -6.20 -6.17 -6.17 {-6.17 -6.17 -6.17
3& -2.82 -2.73 -2.72 |-2.66 -2.64 -2.52 -2.52 |-2.52 -2.52 -2.52
ZS 0.196 0.194 0.193| 0.191 0.190 0.188 0.188| 0.188 0.188 0.188
at 0.325¢c _ .
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Table D. 3

Estimated Coneise Longitudinal Derivatives

Full Scale Aircraft Scaled Model %W
Mach. No. Velocity ft/sec
0.34 0.31 0.28 0.25 0.22 110 100 90 80 70
XC 0.053 0.058 0.068] 0.085 0.118 0.053 0.058| 0.068 0.085 0.118
XS -0.077 [ -0.095 | -0.119{-0.156 {-0.208 | -0.077| -0.095 -0.119 | -0.156 | -0.208
z, 0.58 0.70 0.86 1.10 1.4Y4 0.58 0.70 0.86 1.10 1.44
z. 4.90 4,89 4,85 4,83 4.80 y,72 4,72 W.,72 b,72 u,72
N@ 0.011 0.011 0.0111{ 0.011 0.011 0.011 0.011( 0.011 0.011 0.011
N& 0.005 0.005 0.005 o“oom 0.005 0.005 0.005| 0.Q05 0.005 0.005
m 53.Y4 53.1 52.7 52.2 51.8 51.2 51.2 51.2 51.2 51.2
at 0.29c
B@ y,ay 4.09 4,08 4,06 4.03 4,01 4,01 4,01 4,01 u,01
me 1.83 1.77 1.77 1.73 1.71 1.6u4 1.64 1.64 1.64 1.64
52 28.6 28,2 28.1 27.8 27.6 27.4 27 .4 27.4 27 .4 27.4
at 0.325c
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Table D.4 Estimated Dimensionless

Lateral Stability Derivatives

Full Scale Aircraft Scaled Model %W
Mach. No. - Velocity ft/sec
0.34 0.31 0.28 0.25 0.21 110 100 90 80 70

-0.105} -0.107 | -0.112|-0.119 | -0.127 | -0.096 | -0.097|-0.099 -0.103 | -0.107
-0.188 | -0.187 | -0.186|-0.185 | -0.183 | -0.181 | -0.181|-0.181 -0.181 | -0.181
0.062 0.069 0.078] 0.091 0.110 0.060 0.067] 0.075 0.087 0.107
0.088 0.084 0.085| 0.082 0.078 0.080 0.082] 0.080 0.080 0.078
-0.029 | -0.032 | -0.035|-0.0u41 -0.047 | ~-0.027 | -0.029{-0.032 | -0.037 | -0.0u4u
-0.104 | -0.103 | -0.104(-0.105 | -0.108 | -0.101 | -0.101{-0.102 -0.102 | -0.105
-0.843 lo.mwmv -0.832|-0.821 (-0.820}| -0.810 | -0.810(-0.810 | -0.810 | -0.810
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Table D.5 Estimated Concise Lateral Stability Derivatives

Full Scale Aircraft Scaled Model 4>

Mach. No. Velocity ft/sec
0.34 0.31 0.28 0.25 0.22 110 100 90 80 70
280 283 291 305 319 271 274 280 291 302
12.5 12.5 12.4 12.3 12.2 12.10 12,10 | 12.10 12.10 12.10
-4.,10 -4,60 -5.20| -6.10 -7.30 ~4.0 -4.50 | -5.00 -5.80 -7.10
-56.5 -54.,0 -54,6 [|-52.7 -50.1 -51.4 -52.7 |-52.0 -52.0 -50.10
0.4Y4 0.49 0.53 0.63 0.71 0.41 0.4y 0.49 0.57 0.67
1.58 1.56 1.58 1.59 1.64 1.53 1.53 1.53 1.53 1.53
0.84 0.83 0.83 0.82 0.82 0.81 0.81 0.81 0.81 0.81
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Table D.6

Coefficients of the Longitudinal Characteristic Equation

Characteristic equation, >y:+w>w+oym+oy +E = 0 where
A=1, wnxc+N£+E@+Ezu C= AxcwzleN%v+5 (x +z V+Bzx +m
D= B@Ax N2|x2N5v+ESNcor+Bch E= BSNcor
Full Scale Aircraft Scaled Free Flight Model
Mach. No. Velocity_ft/sec
0.34 0.31 0.28 0.25 0.22 110 100 90 80 70
A 1.0 1.0 1.0 1.0 1.0 1.0 1.0 1.0 1.0 1.0
B 10.9 10.8 10.8 10.7 10.7 10. 4 10.4 10.4 10.5 10.5
o.m.uo.mmm C 7.4 73.8 73.3 72.8 72.8 70.7 70.8 70.9 71.2 71.7
D 4.40 4,95 6.00 7.84 11.4 4,17 4,33 5.79 7.64 11.20
E 8.98 13.01 19.50 31.60 53.70 8.61 12.54 18.30 30.98 53.08
A 1.0 1.0 1.0 1.0 1.0 1.0 1.0 1.0 1.0 1.0
B 10.9 10.8 10.8 10.7 10.7 10.4 10.4 10.4 10.5 10.5
o.m.no.wmwm C 49.6 48.9 48.9 48.4 48,7 46.9 47.0 47.1 47.3 47.8
D 3.09 3.50 4,33 5.77 8.52 2.91 3.13 4,16 5.61 8.36
E 4,80 6.90 10.40 16.80 | 28.60 4.60 6.70 10.10 16.55 28.40




Table D.7 Coefficients of the Longitudinal Characteristic Equation
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Semi-Free Model : Model with Pitch Freedom Only
Characteristic m@cmﬁwom»>»m + BA + C =0 Characteristic equation, >ym + BA + C =0
where _ where
A=1.,0, wuN2+G@+S$u OnBS+B@N£ A=1, muS@+E€o OHBS

Semi-free Model Simulation Model with Pitch Freedom Only
Velocity ft/sec
110 100 90 80 70 110 100 90 80 70
A 1.0 1.0 1.0 | 1.0 1.0 | 1.0 1.0 1.0 1.0 1.0
o.m.uo.mmm B 10.37 10.37 10.37 10.37 10. 37 5.65 5.65 5.65 5.65 5.65
C 70.13 70.13 70.13 70.13 70.13 51.2 51.2 51.2 51.2 51.2
A 1.0 1.0 1.0 1.0 1.0 1.0 1.0 1.0 1.0 1.0
o.m.uo.wmmm B 10.37 10.37 10.37 10.37 10.37 5.65 5.65 5.65 5.65 5.65
C 46.28 46.28 ,:m.mm 46.28 46.28 'l 27.35 27.35 mq.wm 27.35F 27.35
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Table D.8

Coefficients of the Lateral Characteristic Equation

Characteristic equation, At os myw + Oym + DA+ E =0
Full Scale & Free Model Semi-Free Model
A=1 - e.e, A 1 - e.e,
B = HU+5ﬁlmxbwrmNH%+ﬁpwmxmmv<< B H@+:dlmxﬁw|mNH%
C=1n-1n-n el +Aww+Sﬁ-mxs@|mNHav<< C = 1n,~1.n -nte l
D = H<5©|HU:<+O 1 |mXOb5<+me56|H%bwv<< D H<bwlwvj<
E = nddw<nwﬁﬁ<v0h E 0
Full Scale Aircraft Free-Flight Model Semi-Free Model
Mach. No. Velocity ft/sec Velocity ft/sec
0.34 0.31 0.28 0.25 0.22 1101100 90 80 70 110 100 90 80 70
A 1.00 1.00 1.00 1.00 | 1.00 1.00| 1.00 1.00| 1.00 1.00| 1.00| 1.00 1.00 1.00 1.00
B 15.0 15.0 14.9 14.8 14.8 4.5 j14.5|14.5 |14.6 (14.6 |13.7 [13.7 [13.7 |13.7 [13.8
C 99.5 97.1 98.5 9.8.0 97.6 91.9 |93.51(93.6 [94.9|94.8 [80.8 |82.4 |82.5(83.7 |83.6
D 931 934 978 1028 1093 830 870 | 907 8977 |1050 733 755 | 766 | 795 | 809
E 61.1 67.6 75.6 89.9 113.0 60.6 |64.3 (72.4 179.0177.0 0.00f 0.00 0.00 0.00 0.00




Table D.9 Estimated Longitudinal Short Period Characteristics

c.g. = 0.29¢c c.g. = 0.325¢C
velocity ft/sec (Mach.No.) Velocity ft/sec (Mach.No.)
110 100 90 80 70 110 . 100 90 80 70
(0.34) (0.31) | (0.28) | (0.25) | (0.22) | (0.3u) | (0.31) | (0.28) | (0.25) (0.22)
Full Scale| ® | 2.50 ©2.26 2.03 1.78 1.56 2.03 1.84 1.64 1.45 1.27
_ | ,
N Aircraft z 0.64 0.63 0.63 0.63 0.63 0.78 0.78 0.77 0.77 0.77
[e0)
A Free-Flight ez 8.46 7.69 6.93 6.12 5.38 6.88 6.25 5.63 4,98 4,38
|
Model z 0.62 0.62 0.62 0.62 0.62 0.76 0.76 | 0.76 0.76 0.76
Semi-Free | ®_ 8.u46 7.68 6.92 6.11 5.37 6.87 6.24 5.26 4,97 L. 36
Model
(W.T. z 0.62 0.62 0.62 0.62 0.62 0.76 0.76 0.76 0.76 0.76
Simulation
Model w1 7.23 6.56 5.91 5.22 b.59 5.28 4,80 4,32 3.82 3.35
with Pitch
Freedom z 0.39 0.39 0.39 0.39 0.39 0.54 0.5u 0.54 0.54 0.54
Only .
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Table D.10 Estimated Lateral Mode Characteristics
(Roll Mode & Dutch Roll Mode)
Velocity ft/sec (Mach.No.)
110 _100 90 80 70
(0.34) (0.31) (0.28) (0.25) (0.22)
t
Full Scale R% 0.185 0.202 0.223 0.25 0.278
Aircraft wDR 2.u46 2.22 2.05 1.84 1.65
EDR 0.12 0.113 0.103 0.085 0.066
Free-Flight tRl 0.055 0.060 0.066 0.073 0.081
2
Model 8.20 7.61 | 6.95 6.29 5.66
DR
CDR 0.123 0.113 0.102 0.086 0.066
Semi-Free tRl 0.057 0.063 . 0.069 0.078 0.088
2
Flight Modelf u 7.88 | 7.26 | 6.58 | 5.89 5.19
DR
(W.T.
Simulation) CDR 0.106 0.104 0.100 0.094 0.090
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Table D.11 Estimated Control Derivatives (Model)

Velocity (ft/sec)
70 100
-]
7 -5.68 -11.59
n
[-]
M -6.66 -13.57
n .
L 3.08 6.29
: ) .
I 0.56 1.14
z
. ,
N 0.37 0.76
g
-]
N, -1.76 -3.59




Table D.11

Estimated Longitudinal Transfer Functions - Model Short Period Mode

Semi Free Model

Model with Pitch Freedom Only

6
0 N (s)
2=ln(s) 22  ps
. A(s) n
where A(s)=s >mm+wm+o where >Amvu>mm+wm+o
A=mI A=T
Y o o B=fl -V i
wnﬁla<m3$133@nN2H<V m e'w
C=-M V
C=(Z M _-mV 8 ) 6o o °
1 T My and N, =M
o and non
o 0 ° oo
N =AsS+B, A=mM _+Z M
| n n nw
i 28
wuzz n“w n “
Semi-Free Model Model with Pitch Freedom Only
ACs) zm ACs)
0
A B C A B A B C N
ft/sec
_ 70 |9.54x10 16.34x1072.79x10" | 1.07 3.16]5.9x107%|2.1ux16%| 1.26 | 6.66
©-8:20.29¢ ™00 9. 5ux10 9. 02%1025. 60x10 | 2. 19 9.22|5.9%x10 2|3.0ux162] 2.53 | 13.57
: _ 70 @.mf&ou_m.w:ﬁo.wp.mwﬁo'p 1.07 3.u8)5.9x10"2]2.1ux10" m.qmﬁ.oupm.mm
c.g.=0.325¢ 4 8.5ux10'9.02x1013.69x10" | 2.19 | 9.33[5.9x10 2|3.06x10%| 1.35 | 13.57
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Table D.13

Estimated Lateral Transfer Functions

., e MR 4E
- &~ = IIII%
\Im. = ﬁ and g Dnm
where Alsk mﬁ>mw+wmm+om+ov zmﬁmv = As“+Bs+C
_T2 _ —( T 1°
A=I; -I T | A=(-I, . HNrmv
= T N +T L +I__ (N +T ) B=(N 15, -1 %)
B= I_N +I ot ox zw+rs = zsrm rSZm
° 0 © o ° o o o o o
C= -I__VL-IVNG+NL-NTL C=(L N,-N 15,0V
zX' e'v "xev pr rp vVE vVE e
D=(C_ N - N )V NV (s)=s (As +B)
pv viple (AR o
>HHerm-Hme
B=IT N_-N_T°
[ S A &
A(s) 0 Y
/, 2\
Ng z
A B C D A B C A B
70ft/sec|-1.13x10 °|-9.85x1§ -3.96x10 “{-2.43x10 ~ | 0.22 [0.195| 3.78]|3x10 %|2.35%x10
100£t/sec |-1.13x10 3-1. 41x10 2|-7.79x10 4|-6.52x16 2| 0.uu8l0.573 |16.69]6x16 2|5 67x16 >
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d Prediction Acéuracy of

e

Table D.14 Relative Importance an
Stability Derivatives
LONGITUDINAL LATERAL
(Short Period) (Roll and Dutch Roll Mode)
.« |Estimated \ .« |Estimated
Derivative Relatlve Prediction|Derivative Relative Prediction
Importance . : Importance
Accuracy## Accuracy
X 04 L 10 204
u v .
X f1i0s L 10 t109
W P
*ope 02 ¥
Zu 20% Lr 7 10% to -20
teo *o0e
Zw -5% NV 10 20%
7 $o0% N 8 £50%
q P
7., h0% N 9 ¥is59
W T
M 2103 Y 7 o0y
W v
M 2159
q
M. B0%
w
* 10 Minor, 0 = Negligible

Using Theoretical Methods such as those of references 49 and

50.
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APPENDIX E

" DATA REDUCTION

Short Period Data Reduction

The short period frequency and damping ratio are
determined from a trace of the time history of the model
in response to an elevator input pulse as shown in
figure E-1. Pitch angle response is used to

determine the short period response frequency and

damping ratio

6=00
/-\ t
\/ R
Figure E-1. Short Period Response

Either the Log Decrement or Time Ratio data reduction
method can be applied to the short period response

trace.



(a)

Input
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Log Decrement Method

If the short period response is oscillatory
and the damping ratio is 0.5 or less

(3 or more overshoots) proceed with the log
decrement me”chodE:l of data reduction. This
method is also called the subsidence ratio

or the transient peak ratio method.

Using the pitch angle trace, measure the
values of each peak deviation from the
trim value for AXi, AXQ,.AX3, etc., as

shown in figure E-2.

AX, AX,
AX, X,

yai

\\\\1’//’ —4’f" ? Time

Response T
— - P

Figure E.2 Transient Peak or Subsidence Ratio

Analysis

Determine the transient peak ratios,

AXl’ AXQ’ AX31

A% A X Enter figure E-5 with the
0 1 2

transient peak ratio values and detérmine the

corresponding values for damping ratio

L1 Tps C3e The average of the damping



b)
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ratio will yield the overall short period
damping ratio. For a very lightly damped
oscillation figure E-6 can be used to
determine the damping ratio. The m = 1

line is used when comparing peak ratios

AX1 AX2 ) )

ZYE’ AXig the m = 2 line is used for peak
) AX2 EX3

ratios of EXED Axi, etc.

The period, T, of the short period response
can be determined by measuring the time

between peaks as shown in figure E-2.

The short period damped frequency~ is then
calculated by

Wy = %g r’ad/sec (E.1)

The short period undamped natural frequency

is computed using

w = , (E.2)

Time Ratio Method

If the damping ratio is greater than 0.5

(2 or less overshoots), then the time ratio
method of data reduction can be used to
determine short period response frequency
and damping.ratio.

Select a peak on the pitch angle trace.iwhere
the response is free, i.e. free of influence

of forcing function. Divide the
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amplitude of the peak into the values of
0.736, 0.406 and 0.199 according to reference
E.1 . Measure time values tis Ty, t3 as

shown in figure E-3.

t Time
ewt| TG
t3 )
; ~ Response
- -

Figure E.3 Time Ratio Analysis

t ,
From the time ratios 2/ s / and
ti t

(t,-t,) enter figure E-7 at the time
3 27/
(t2-t1) :
ratio axis and find the corresponding

damping ratio. Average these damping ratios

to determine the short period damping ratio

Csp'
Re-enter E.7 with the average short period
damping ratio and find the frequency-time
products wnti’ wnt2 and wnts. To determine

the natural frequency, W compute
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Average these natural frequencies to determine
the overall undamped short period natural

frequency.

Roll Mode Data Reduction

The Roll mode time constant, g is generally
measured from a time history trace of the roll rate
response (figure E-4a) or bank angle response (figure
E-4b) to a step aileron input. From the roll rate,
p, trace the time constant, Tr» can be measured as
the time for the roll rate to achieve 63.2% of the
steady-state roll rate (figure E-LDb). Tx can also
be determined Bl from the bank angle, ¢, trace as

the time for the extension of the linear slope of the
¢ trace to intersect the initial ¢ axis as
represented in figure E-Ub. It is important to note
that the Roll mode time constant is independent of

the size of the step aileron input.

In the preéent wind tunnel simulation, a step aileron
input cannot be applied due to bank angle limitation
(1300) and hence a pulseinput was used and the bank
angle response was recorded (figure E-lLc). The
initial response is similar to that obtained with a
step input and the steady roll rate is then achieved
(linear slope). Therefore the data reduction
technique of analysing the bank angle trace as for a

step input was adopted.

Dutch Roll Mode Data Reduction

The Dutch Roll mode frequency and damping ratio are
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determined from the yaw angle time history response

to a rudder pulse input. The methods for determining
Dutch Roll frequency and damping ratio are the same

as used for short period data reduction.

REFERENCES

El Langdon, S.D. Naval Test Pilot School Flight
' and Test Manual

Cross, W.V. = Naval Air Test Center, Maryland,
U.S.A., 1975,
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Figure E.ka

Time

Bank Angle Trace (Step Input)

Time

Roll Rate Trace (Step Input)

yi

©-.
n

n?

n

t=17,

Figure E.lc

Time

Bank Angle Trace (Pulse Input)
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e meen| NN

0.04 i \§\Q\\ \ |

= \ -

Y001 0.05 0.1 0.5 10

Subsidence ratio , *m/x,

Figure E.6. Damping ratio as a function of
subsidence ratio.
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B. Vertical gradient coil.
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Figure 8. Magnetic suspension. University of
Virginia.
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Cable ends pinned
near CG.

Vertical
cable

\— Horizonta!l

cable

Tension \X
adjustment

Figure 1. Two cable mount.

Vertical force
generator

Vertical
rod

Suspension
frame

Flexible
cable

Figure 12. Vertical rigid rod mounting.



'J2quIinu sploukay j2pow U2AIB D 2A21YoD 0} JO}ID} 2|DOS T} Sz_w..u_

1223 Py uolsuawip 21p2s )Ny
o€ S2 0z Sl ot S

I T T T I ! T \J | i I i

Sy, olx sl = a="n
€0 ="PW
12A2] D2S

[«
-—

0¢

o€

““1/o, ¢ 10)oD} 2)DOS



212

;0L XG0 40 J2quinu spjoukay D 2A21yoD 0} upds |2pop 4| 2inbi4

1224 ¢ unds 2)pos N4
0S 0% (0] , (074 (0]} 0

I v T T T T T

Z
(o]
- a
S
n
O
(o]
3
- 4 -
3
2
25/ 44, OLXZLG') = )
(Pd0Yd> up2w uo pasnq)
¢0LXxG'0 ="ON sploukay 12pop
-4 9

225/3 geg = PA
oV~ €0 = PI
12A2] D2G




213

“j2uun} puim |, 2bpqAam |

225/} O£l p22ds jauun} ‘XDp
dH g€  42mod Jojows “xpW
7'y Ol}DJ UOI}ODIIUOY)

ul gy 12}32WDIp uD4

U Qg  J2j}2WDIp 10}22))0)

ul g% Wybiay 213u2o jor

ut 09 yibu2) j2r
utzy 12}2WDIp }2r

‘'DIDP J2uun} puim

il L )

N

<

Uo1}oD43uU0)

‘Gl 24nBI 4

(g302s bunjiom)

-2

- 10}22))0)

N

JOJON —

b - - -

R




- 214

"Suojsuadsns 2)qpd puDp pold |DIII2A 10 sawibas Aouanbaiy -g| 2inbi4

uoljow Apoq u:mo_m‘

suojsuadsns 2|qp)

- A . uonow Apoq pibiy
- A BN
Gsmw } ool o L, , .10 10'0
T I T » I T
’ \
S2pow >1}spi3 ~ponad poys ¢ 2pow piobnyd
v “
y %
V 4
L/ V
4 V
- L/
4
<
\
y
4
d
4

suolsuadsns pod D2IJI2A



.

uolsu2dsns j2pows 1oy}
w2}sAs |pquig

215

(ADMA2Y 2pIM wwZ
r:._;. U_U\.mhm.o v

UO\- ,_OU:‘_U> o

P

‘Ll NLD@_h_

. 2)D2§

e NEUL% ;_U>

e

puo buisnoy
Bupioaq Joaulq

4

a

Il

1301 OFf ¥ |\
jootdA g

1232wonu2iod

P fjoy - = P )

x
" pquiib J2anQ - D \\ILJ
k8

.0€ 3 4201
2PNUND YoUd

pqwib sauu) —— |

jujod ” \O

Bupunoy —

, z
— I
v |\
o |9

- dm

s

2.2

o=

C

. WV”.
S

o0€ F %90] \‘

2pNype 1oy —

X—X U0 UoR25
£2) UoO)AN = .
bujip2q ] m M w
110gq  KioyoY 1P
a - §
No | b
hkﬂ o i D
|
_Cm L @ /
110D
B
\Ac >
buipa2q B ,am m \
noq Joauln —_— | Q fu




- 216 -

"wi2}sAs uolsuadsns j2pow 24|

‘gl 2.4nbi4

. ;
12}2W013U2}04 Bulipaq j)0q /.J
N Bulbljo yos — _
NYIN| T .
/ _ / ~
1 | o S
¢//ﬁ I _ ~ .. "Pmu‘_- 5
%2301 ,0€% .
u_mco Bcwl\ _
DDA S
.\.\ i« = X
A £ s £ ya % Z / pa / Z Z / \‘
/I
.
.
| ! . |
] yjhow jauuny 1
w mSo:uD'\ _ , >
o + _ 35
3 3 > . ’
SR N
.\.ll.'
\ L= | -




217

oO—l
SE°0
0968

£

Ul 57

52
.6€
JMLO°LZ

o2
9€°0
.Sz

'S

U 9'6Ll

ul 8°0¢

ul 6°s¢

12pOW  }DJ2UID YMDH 2]DIS iy

104p24yid
olypJ 42dpj
(715) daamg
ol}pd }o2dsy
D2l1y

-: )ID} |D}UOZIIOH
onnys j}oa2dsy
(7>) d2ams
D21y

= )ID} JDOI2A
1D4p2yiQg
olpd Jadp)
(%) doams
oljod jdadsy
D24y
uondg

-1 Buim

yibu2) y)1paaaQ

‘6l 24nbig

(21035 Zj;) DIDP j2POW YMDH




'SWISIUDYI2ul
UOI}DNIOD S20DJINS JOJIUOD JO S)ID}2Q "0z 24nbiyg

"¢’P 1b2Q
Alqui2sso | | | 2204.ns
— 1044u02 U132,
2upn)d - |10 Bujunow 2upid-)ID} jo jID}2Q Alquiassp Buim Hib24s 2gn} 'S ud 26usy
(pos bBunonyop 20$Dj4Ns
0} 2uDjd-|ID}) jo43u0)
suid buiro] —-— 4.

(wup Buyonydo
2snq

, pou 0} yibays) 2buiy
pPooOmpiIDH —~ o 1z 1043u0) suid Bunydo
@
- unis . 12A2) pod
2bpjasn4 - 2|0 buijonyoy P
== ! v bunonyoy
¥20iq "
142su) buvaq Loy — > 120Dds
| 1D} ‘341d
- pos buionyoy -
-t
N Buim ,ui 12),
X - ; Yibays 2qny'gs
z ‘€P 1Dj2Q
W2assD 12ppn
19 PPNy 12A2) pou -— pou
, Bunonjoy—- j043U0)

ums
2bpj2sn4

—— pou
bunonyoy

20D44nS
2o044ns buim |ui 321, |044u0)

YIoays 2qn} '5G —

22D44ns
j04u0d U1 32),

uid 2buiy yioays aqn} ‘s's



T}UN JOJJU0D DIU04}d2]2 2y} jo INOAD) j2upd paubisaq |z 24nbi4

423413s

300N

G

K

13534 |31NdN0D

NO
43IMO0d

.

31901 moov‘p

) O O

¢ woums Q40

.
x
z woums Qa0

o)

1 woums Q90)

5
\_S104INOD h

219

-~

<m

< NOY3NV _r 1
<]

N

<_H401vA313 _r

==

S1NdNI 1300W

HidL \ ﬁ

@ x®)

©0 ©

Q0

©

(03@;®) @3@,@) 0]@©;@®) o0 @)
ANYANIY NAN
00 OO0 OO0 ©00O ©

[=]
k=4

@ @@

2

SIN3W313 3N90TVYNV YIvad33d

\

___SHUNNYL IVNOIS

- [ OO0 42}]043U0) 12ponN m:.O 000 000 @..._.U_
w 383 reuumpuim 105u0d 2n0Y w0 00O © 0O Ous
<0 00 O 000 Os-s

oo -0 00O 0000

v

@;@)®)
/2\
@]e]e@)

--2
©01@®

©Q0
]
09

SiNdiNO 13A0W

1}
@.@u:ﬁ\@lw%
N
K

H313WO0IINILOd

O Oe O-

HOLINOW

© ©

4

© ©]

© ©

© ©

©® ©

© O

© ©

: 3
© ©)

ﬁ6©é@6©é@:@969@@é@a9969696%

WO O |[WO WO WO w0 o o HO O3 HO O[O O3 +O O3

vO O+ vO O-{[v0 0+ v0 ©-| |vo 0+ vo o-||v0 0+ vo ©-| |vo 61 vo 01|v0 0~ vo O~

W0 w0 |ho O WO w0 WO O 4O O3 +O O3l|HO O3 HO O3
€ €

©® ©

© O

@ ©

© ©

SH3L3IWOILNILOd




Ny

N

PUD HUN ]OJ3U0D DI1U0J}22]2 24} jO WDIBDIP %201q 21}DW2}SAG

T3INVA HOLINOW  Sobbns bunas 13NV 4313WOILN3LOd
jod 104

1 i

| |

| |

1 |

1 1
rF—_—— == - - - - - - — — — - SININ3T3 3INO0TVNV HWIvaa33d - — — — — o
. ; | |

i —~ y y
Woums T fawo dll 4/0 d/int _
u_mo_" mu:u:ﬁ_m - | sioypibajul slawwng | “

2pop nduj I 1
9007 ! ! Sayvd | SQUvd | Sayvo
300N “m._othOu “ 1NdNI 130N IN3IW313 INO0TVYNV { LNdLNO 13AON »
“ ] d/1 __ " ;
| ¥o1s 1013u0D d/I__ d4/0  djo : _id/1 d/o l
_ i _ © MIVH  Sayv) 4 “
| ‘ |
L .|
13NVd 13NV
1NdNI 1300W Jr 1NdiNO 13ao0KW . [~
20U242421 L sausums
—— l'.l —_ :t_u”on”“c _ | _ — ﬁl' co._.ucs..u.m uing -
ol
-— 6n)d pup j2%20s

‘20D}42}Ul |2pOW

‘27 2anbiy

SHOLINOW ANV
SH304023Y viva

(2igp> Bunibay)
SJOSU2S pubd

SOAJ2s 0} ynduj

4 4
sbnjd
pup
S}2)%20s
SyunJy

[ 1

=

g v
T3INVd SUNNYL

(219> Buioiy)
SI0SU2S pup

J13NVd Syvd sng

ndyno 12pop

SOA42s Wwou4} Inding

— )




R R R
e, = -[e,a‘; + ezﬁ‘; + eaﬁ’;]

Figure 23.a. A typical Summer cirCuit.
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Figure 23.b. A typical low drift Integrator.
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1.  Circuit

)

P ofp out
Com.
© C— © R oV

E SN =12
T, " T T §

I1p o/p -V

Components

a) Transformer

9 volts, 1.5 Amps, Two Secondaries

b) Bridge Rectifier
LA, 200 Voits

c) Voltage Regulators
(1) +5 volts, 1A
S (ii) -5 volts, 1A

ay Capacitors

(1) CJ = 10,000uF, 40V, single ended can electrolytic
(ii) C, = 0.1uF, 35V, solid tantalum (320%)
(iii) C, = 0.47uF, 35V, solid tantalum ($20%)

e) Resistors

4.7KQ, carbon composition (109)

Figure 27. Design of 5 volts power
supply.



//Planc of symmetry

Figure 28.a. Airplane axis system and plane
of symmetry.

Figure 28.b. Airplane axis system and planes
of asymmetry .
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! 6
n N | Model dynomlcs y
-‘ve 'l /A

Gain 4, K

Figure 30.a. Longitudinal stability augmentation
of model with pitch attitude feedback to elevator.

Increasing

K/ )1

Short X
period mode

—'ve R +'ve

| b

Figure 30.b. Root locus plot. Effect of pitch
attltude feedback to elevator on longitudinal
modes of model.
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n Model dynamics 6

, 0 —
i-ve NQ/A ’

Diff., Ks

Figure 31.a. Longitudinal stability augmentation
of model with pitch rate feedback to elevator.

Short A
period mode
X

Increasing /

K

- Vve Re +ve

Figure 31b. Root locus plot. Effect of pitch
rate feedback to elevator on longitudinal
modes of model.
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Figure 32.a. Lateral 'stability augmentation of
model with roll attitude feedback to aileron.v
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Figure 32.b. Root locus plot. Effect of roll
attitude feedback to ailerons on lateral
modes of model.
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Figure 33.a. Lateral stability augmentation of
model with roll rate feedback to ailerons,
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Figure 33.b. Root locus plot. Effect of roll
rate feedback to ailerons on lateral
modes of model.
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Figure 34.a. Lateral stability augmentation of
model with yaw attitude feedback to rudder.
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Figure 34.b. 'Root locus plot. Effect of yaw
attitude feedback to rudder on lateral
modes of model.
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Figure 35.a. ‘Lateral stability augmentation of
model with yaw rate feedback to rudder.
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Figurz 35.b. Root locus plot.

of model.

Effect of yaw
rate feedback to rudder on lateral modes
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Wind tunnel simulation, ¢ Ko K1
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‘Figure 63a.Model short period mode - pitch rate
feedback to elevator.

Wind tunnel simulation ,V = 70 ft/gec . K 5
(pitch freedom only) . -\:\__’4_2._.—+
° x 1

———— X¢g=029C kg K3
— — — xcq=0.325C M b T
cg : R /+‘;K X .
o ke
4 ‘(~+/XK° 1 2 J3
/ a4
RSN l 1
A 7k, m
x Experiment // 42
Theory A
Symbol
Ky [-Ky [ [ Ko [ Ky [ Ko T K3 [ K, 11

-0.03]-0.02{-0.01] O | 0,01 [0.02 {0.03 | 0.04
Feedback gain

Figure 63.b. Model short period mode -pitch rate
feedback to elevator.



- 258 -

Wind tunnel simulation , V =100 ft/sec

7 Xcg=029C
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Flgure 64.0.Model short period mode - pitch rate
feedback to elevator.

Winvd tunnel simulation , V = 100 ft/sec

(pitch freedom only)
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Figure 64.b. Model short period mode - pitch rate
feedback to elevator.
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Feedback gain K, Full scale
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Plate 2. The model suspension system.
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